• • • 


NATIONAL ADVISORY COMMITTEE 
FOR AERONAUTICS 


lNACA 

CONFERENCE ON THE TURBOJET ENGINE FOR SUPERSONIC 

AIRCRAFT PROPULSION^ 


(A COMPILATION OF THE PAPERS PRESENTED J 


Lewis Flight Propulsion Laboratory 
Cleveland, Ohio 


GLASSIFICATION CHANGED 

UNCLASSIFIED 


By Authority dQsil&tltJcks* Date J.'.i'.JkdiS 


July 11, 1951 


GROUP ^ t 
Jnir la 




N 66- 16 280 


GPO PRICE $ 
CFSTI PRICE(S) $ 



NACA CONFERENCE 


ON 

THE TURBOJET ENGINE FOR SUPERSONIC 
AIRCRAFT PROPULSION 


A COMPILATION OF THE PAPERS PRESENTED 


Lewis Flight Propulsion Laboratory 
Cleveland, Ohio 


July 11, 1951 


OUP 4 — 

wngradefl at 5 

Ltarvals; declassified 


• • ••• 

• • • 

• • • • 

• • • 

• • • • • 



LIST OF CONFEREES 

The following conferees were registered at the NACA conference on 
The Turbojet Engine for Supersonic Aircraft Propulsion, Lewis Flight 
Propulsion Laboratory, Cleveland, Ohio, July 11, 1951: 


Abbott, I. H. 
Ahern, R. I. 
Alford, J. S. 
Angell, P. T. 
Arnold, J. E. 


MCA - Washington 

Wright Air Development Center 

General Electric 

Thompson Products 

Consolidated Vultee 


Barfield, Capt. H. 
Barnard, D. P. 
Bartlett, P. M. 
Bell, E. B. 

Blose, D. H. 
Bowman, R. G. 
Brown , W . J . 
Buhler, R. D. 
Bullock, R. 0. 


Wright Air Development Center 
Standard Oil of Indiana 
Bureau of Aeronautics 
Wright Air Development Center 
Wright Air Development Center 
Republic Aviation 
Wright Air Development Center 
University of California 
MCA - Lewis 


Campbell, K. 

Canavan, Lt. Cmdr. D. 
Carhart, T. P. 
Carmichael, R. P. 
Carr, D. E. 

Cesaro, R. S. 

Cetrone, V. C. 
Chamberlin, R. B. 
Chandler, M. E. 
Chenoweth, 0. 

Clark, D. B. 

Collins, J. H. 
Collins, W. 

Comenzo, R. 

Condra, Capt. E. M. 
Conrad, E. W. 
Cortright, E. M. 
Crowley, J. W. 
Cummings , R . E . 

Curry, W. H. 


Wright Aeronautical 
Dept . of Navy 

Wright Air Development Center 

Wright Air Development Center 

Phillips Petroleum 

MCA - Washington 

Sperry Gyroscope 

Wright Air Development Center 

Nile s -B ement - Pond 

Wright Air Development Center 

Wright Aeronautical 

NACA - Lewis 

Continental Aviation 

NACA - Langley 

Bureau of Aeronautics 

MCA - Lewis 

NACA - Lewis 

NACA - Washington 

Thompson Products 

Los Alamos Scientific Lab. 


Dale , J . R . 
Daley, J. A. 
Davis, F. W. 
Davis, W. F. 


Strategic Air Command 
NAMC - Philadelphia 
Consolidated Vultee 
NACA - Ames 


INTRODUCTION 


This volume contains copies of the technical papers presented at 
the NACA conference on The Turbojet Engine for Supersonic Aircraft 
Propulsion on July 11, 1951 at the Lewis Flight Propulsion Laboratory. 
A list of the conferees, who are members of the aircraft industry and 
the military services, is included. 

The original presentation and this record are considered supple- 
mentary to, rather than substitutes for, the Committee's system of 
complete and formal reports. 
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- INTRODUCTION AND COMMENTS la 


By Bruce T. Lundin 


The first paper summarizes the results of an analytical investi- 
gation that had as its objective the establishment of the most suitable 
design characteristics of a turbojet engine for supersonic propulsion. 
jq* This analysis, which will indicate the type or kind of components 

(vj required in the engine and determine their optimum operating conditions, 

will thus serve as a general basis for review of the research investi- 
gations to be presented in subsequent papers. 

The suitability or merit of any aircraft power plant is, of course, 
highly dependent upon the characteristics of the airplane in which it is 
installed and on the particular propulsion requirements of that airplane. 
Any analysis of aircraft propulsion systems must, therefore, be properly 
and completely integrated both with the type or configuration of air- 
plane and with the particular flight plan of the airplane if significant 
results are to be obtained. This close alliance or interrelation among 
the characteristics of the propulsion system, the aircraft type, and the 
flight plan not only precludes perfect generality of results but also 
necessitates the selection of particular cases for investigation. The 
various airplane configurations and flight plans selected for the present 
analysis are not considered necessarily optimum but were chosen after 
some study in a manner that is believed to be fairly representative of 
some current practices and that will provide a useful and realistic 

* evaluation of at least the trends and relative importance of the various 
propulsion system variables. 

Two different types of aircraft were considered, a high -altitude 
interceptor and a bomber. The particular flight plan selected for the 
interceptor aircraft is illustrated in figure 1. As indicated in this 
figure, two different combat flight speeds at an altitude of 50,000 feet 
were selected, one at a Mach number of 1.35 and the other at a Mach 
number of 1.80. Both aircraft were considered as reaching this combat 
flight condition by acceleration to a Mach number of 0.8 at low alti- 
tude, climb to 35,000 feet at this Mach number, and then acceleration to 
full design speed at 35,000 feet. Climb to the combat altitude is then 
made at the design Mach number, either 1.35 or 1.80. It was further 
required that both aircraft be capable of sustaining continuously a 
2-g maneuver at the combat condition without loss in speed or altitude. 

* A pay load of 3000 pounds was assumed, and, based on a preliminary study 
of the effects of gross weight, a take-off gross weight of 40,000 pounds 
was chosen. 

For the supersonic bomber the exact flight path varied somewhat 
depending on the characteristics of the propulsion system under study, 
but all bombers were assumed to have a supersonic flight radius of 



* 


500 miles at a Mach number of 1.5, with the bomb drop occurring at an 
altitude of 50,000 feet. The flight speed beyond the 500-mile supersonic 
radius of action was at a Mach number of 0.9. The bomber has an initial 
gross weight of 150,000 pounds and carries a pay load of 10,000 pounds. 

Evaluation of the various propulsion systems for the bomber air- 
craft is made on the basis of the total flight range. For the fixed- 
flight plan of the interceptor aircraft, the various airplane perform- 
ance factors such as take-off distance, rate of climb, time to combat, 
and combat endurance were evaluated and compared. It is to be noted that 
no loiter or hold time at low altitude is provided in this flight plan 
because the incorporation of such requirements would severly penalize the 
combat capabilities of the airplane. A loiter time may, however, be 
included at subsonic speeds and at moderate altitudes without appreciably 
altering the general trends and comparisons indicated by the analysis. 

The configurations selected for the interceptor aircraft are repre- 
sentative of fairly conventional design. A model illustrating the gen- 
eral configuration of the airplane for a flight Mach number of 1.35 is 
shown in the photograph of figure 2 and the airplane for a flight Mach 
number of 1.80 is shown in figure 3. For both flight speeds, two types 
of engine installation were included, a submerged installation and a 
nacelle installation. For the submerged installation (figs. 2 and 3), 
the airplane was powered by a single engine installed in the aft part 
of the fuselage and for the nacelle installation, shown in figure 4 for 
a flight Mach number of 1.80, the airplane was powered by two engines 
installed in nacelles at the wing tips . 

After the combat condition of each type of airplane was established 
according to the flight plan, the thrust required by the propulsion 
system was fixed. Various operating conditions and air-flow capacities 
of the components making up an engine capable of providing this thrust 
were then established, with due allowance for variations in weight and 
drag of the complete airplane, and the airplane performance over the 
complete flight plan was determined. The principal engine variables 
studies are as follows : the compressor pressure ratio, the compressor 

efficiency, the air flow per unit of frontal area, the turbine -inlet 
temperature, the afterburner discharge temperature, and the basic engine 
weight. Variations in each of these variables resulted, of course, in 
different sizes and weights of the power plants producing the required 
thrust that were integrated into the aerodynamic characteristics of the 
airplane. For example, variations in the pressure ratio of the compressor 
resulted in changes in engine weight and size that were associated with 
changes in engine drag, fuselage size, fuel load, wing loading, and so 
forth. The design point of the power plant was assumed to be the combat 
condition; each engine therefore operated at off-design conditions over 
different portions of the flight plan. 
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Figure 1 

INTERCEPTOR AIRPLANE WITH SUBMERGED ENGINES 
FOR 1.35 FLIGHT MACH NUMBER 
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Figure 3 

INTERCEPTOR AIRPLANE WITH NACELLE - INSTALLED 
ENGINES FOR 1.80 FLIGHT MACH NUMBER 
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- ANALYSIS OF TURBOJET -ENGINE CHARACTERISTICS 
FOR SUPERSONIC PROPULSION 
By David S. Gabriel 


The performance of the various interceptor airplanes was computed 
for each part of the flight plan as outlined in the INTRODUCTION and 
COMMENTS . The airplane -performance variables investigated for all the 
engine-design conditions considered in the analysis were: take-off 

distance, time to reach the combat condition, loitering fuel consumption, 
and combat time. Examination of the results showed that the take-off 
distance, loitering fuel consumption, and time to reach the combat, were 
uniformly good for all engine-design variables investigated; for example, 
for the 1.35 Mach number designed airplanes, take-off distance varied 
from 1000 to 3000 feet, loitering fuel consumption was approximately one- 
tenth the combat fuel consumption, and time to reach the combat condition 
was from 4 to 6 minutes. The combat time was therefore selected as the 
figure of merit for airplane performance . The combat times were computed 
for complete consumption of the available fuel. 

In the analysis the effects on airplane performance of independently 
varying the engine design variables were first examined. No final con- 
clusions can be drawn from these results because in actual engine designs 
a change in one engine design results in associated changes in other 
variables . The result of these interelated variations will be discussed 
later, but first some of the results of the general analysis will be 
shown: 

The optimum amount of afterburning required for the interceptor 
was determined initially. Combat time for a nacelle-type airplane is 
shown in figure 1 as a function of the afterburner outlet temperature. 

The curves are for a design-flight Mach number of 1.35, a sea-level rated 
compressor pressure ratio of 5.0, a peak compressor efficiency of 0.85, 
and an air flow per unit compressor-frontal area of 30 pounds per second 
per square foot. The rated pressure ratio is defined at sea level and 
flight Mach number of 0. The actual operating compressor pressure ratio 
varies with flight conditions. Curves are shown for specific engine 
weights (that is, the engine weight per unit of thrust without after- 
burning at sea level and flight Mach number of 0) of 0.3 and 0.4. For 
these conditions for a given engine weight, the combat time apparently 
optimizes at an afterburner temperature less than maximum temperature; 
for example, for an engine weight of 0.4 the afterburner temperature for 
optimum combat time is about 3100° R. The existence of this optimum may 
best be explained by tracing the engine and airplane changes as the after 
burner outlet temperature increases. Starting at the condition for no 
afterburning, the engine has low specific fuel consumption but also has 


low thrust per pound of air flow. In order to accomplish the design- 
flight condition very large but efficient engines are needed. The take-off 
thrust required is about 44,000 pounds. With a specific weight of 0.3, the 
engine weight required is about 13,200 pounds. The engines are also very- 
large requiring large nacelles and hence creating high drag. A typical 
configuration for the no -afterburning case is shown in figure 2 . As the 
afterburner temperature increases, the thrust per pound of air flow 
increases and as a consequence, the engines required to accomplish the 
given flight condition became smaller and lighter. The airplane drag, 
therefore, decreases and for a given gross -weight airplane more fuel may 
be carried. At the same time, however, the specific fuel consumption 
increases so that fuel is used at a higher rate. The point at which the 
increase in specific fuel consumption counterbalances reduction in engine 
size and weight is the optimum point on the curves. Optimum afterburner 
temperatures do not occur for all engine -des ign conditions investigated. 

For lower compressor air flows or higher engine weights, combat time con- 
tinuously increases up to afterburner temperatures of 4000° E. In all 
practical cases considered, however, the gains in combat time for 
increases in afterburner outlet temperature from 3500° to 4000° E were 
very small. When the two curves were compared, the large effect of 
engine weight was apparent. If the engine weight was decreased by one- 
fourth, the optimum combat time decreased by about 20 percent. 

A line for maximum possible afterburner temperature is also shown 
in figure 1. This is the point at which the burner outlet Mach numbers 
are 1.0, and it is no longer possible to increase afterburner outlet 
temperature. The afterburner chokes before the stoichiometric-fuel-air 
ratio is reached. The results shown in figure 1 indicate that the 
afterburner should have an outlet temperature of 3100° to 3500° E, and 
the engine weight has a very significant effect on performance. 

The effect of pressure ratio on combat time for optimum afterburner 
temperature is shown in figure 3. The curves are shown for two peak 
compressor efficiencies of 0.85 and 0.75. The efficiency of 0.75 is 
included to cover the case of the supersonic compressor. The engine 
weight per unit compressor frontal area was held constant which corres- 
ponded to a specific weight of 0.3. The gains in combat time for the 
pres sure -ratio range of 3 to 5 for a given engine weight were large, but 
for the pressure -ratio range of 5 to 7 the gains were very small. The 
same interacting effects of size, weight, and specific fuel consumption 
that produced optimum afterburner temperatures produced the slope of the 
curves (fig. 3). The great importance of compressor efficiency is shown 
by comparison of the two curves; for example, at a pressure ratio of 5.0, 
with a decrease in compressor efficiency of 10 percent the combat time 
decreases 27 percent. The compressor-efficiency effects are discussed 
here merely for the purpose of illustration. Other component efficiencies 
are also of great importance. Turbine efficiency, for example, haa approx- 
imately the same effect on performance as compressor efficiency. Efficiency 


effects are Important "because of the influence on the airplane perform- 
ance in several ways. A decrease in efficiency reduces the thrust per 
pound of air flow and therefore a larger engine is required for a given 
flight condition. A larger engine means more drag and engine weight; 
hence, less fuel is available. At the same time specific fuel consumption 
increases. These three effects are all unfavorable and add up to large 
reductions in airplane performance. 

An important element in the interacting effects of thrust per pound 
of air flow and specific fuel consumption was the pressure drop due to 
afterburning or momentum pressure drop. This pressure drop was directly 
related to the afterburner -inlet velocity, and in fact increased with 
approximately the square of the velocity. A large part of the reduction 
in combat time between pressure ratios of 5 and 3 was caused by the 
increased momentum pressure drop associated with the higher afterburner- 
inlet velocities at low pressure ratios. The velocities are illustrated 
in figure 4 over most of the range of pressure ratios the velocities 
encountered are considerably higher apparently than present afterburner- 
design practice permits. Afterburners investigated worked fairly well 
up to velocities of about 500 feet per second. The velocity at a pres- 
sure ratio of 5 was 540 feet per second and increased to over 700 feet 
per second at a pressure ratio of 3. Because of the increased turbine 
work required at low compressor efficiencies and the corresponding low 
tail-pipe pressures, the afterburner-inlet velocities for compressor 
efficiencies of 0.75 are higher than those for efficiencies of 0.85. The 
afterburner size for these calculations was chosen to fit in a nacelle of 
the same diameter as would accommodate the rest of the engine; in other 
words, the afterburner size was fixed by the compressor size. This size 
afterburner, apparently, resulted in excessively high velocities at the 
inlet. The high velocities could be reduced by making the nacelles and 
tail-pipe larger. The decreased velocities would improve the combustion 
and increase the thrust but, of course, at the same time the drag would 
be increased. The drag and thrust could be traded nearly equally until 
the velocities were reduced by 50 to 100 feet per second. If the nacelle 
diameter were increased further, however, excessive performance losses 
would result. 

Another engine design variable that was considered was the compress or - 
air-flow handling capacity. The effect of air-handling capacity on optimum 
combat time is illustrated in figure 5. The optimum combat time is plotted 
as a function of air flow per unit compress or -frontal area for various 
rated pressure ratios. All of the curves are for a constant weight per 
unit compressor frontal area corresponding to the nominal dry weight of 
0.3. Compressor air flows greater than 30 apparently do not appreciably 
improve performance, because of the high afterburner- inlet velocity. The 
limit on the air flow could be raised, if larger afterburners were used. 

For larger afterburners the curves would increase approximately linearly. 
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The performance shown so far has been for airplanes designed for a 
flight Mach number of 1.35. The analysis was extended to flight Mach 
numbers of 1.8. There was a surprising similarity between the results 
for the two flight speeds. The principal difference was that the combat 
time for the higher flight speed was about half the combat time for the 
low speeds. Some of the results of the analysis of the 1.8 Mach number 
airplanes will be shown in figures 6 to 15. 

The combat time for the 1.8 Mach number design airplane is plotted 
against the afterburner-outlet temperature in figure 6. Combat time con- 
tinuously increases up to maximum afterburner -outlet temperatures. The 
gains in combat time for increases in afterburner temperature above 
3500° E were very small, however, and the increases would probably be 
outweighed by practical consideration of combustion efficiency and cool- 
ing difficulties. Engine weight effects indicated by the two lines for 
dry specific weights of 0.3 and 0.4 were similar to those for the 1.35 
design Mach number. 

The effect of pressure ratio at optimum afterburner-outlet tempera- 
ture on combat time for the 1.8 Mach number design airplane is shown in 
figure 7. There is little choice between pressure ratios of 3 to 7 on a 
combat time basis. There are, however, significant gains to be made by 
maintaining high efficiency. 

The important criterion for choice of compressor pressure ratio at 
this high flight speed is the afterburner-inlet velocity. The after- 
burner-inlet velocities are very high at low pressure ratios (fig. 8). 

As previously mentioned, velocities over 500 feet per second cannot be 
tolerated at the present time. The curves show that pressure ratios of 
about 5 are needed before afterburner- inlet velocities reach this level. 
For this design Mach number as well as for the lower flight speed, a 
decrease in afterburner- inlet velocity of 50 to 100 feet per second is 
possible without excessive performance loss by the increase of the 
nacelle diameter. 

The trends of airplane combat time with compressor efficiency, 
pressure ratio, afterburner- outlet temperature, and air flow handling 
capacity are similar for both 1.35 and 1.8 design fligjit Mach numbers. 

The possibilities of improving airplane performance by other engine 
design methods were also considered. Because of the large premium on 
thrust per pound of air flow, use of higher turbine-inlet temperatures 
looked attractive. The use of high turbine-inlet temperatures combined 
with turbine cooling to satisfy the material requirements was investigated. 

Combat time for optimum afterburner temperature is plotted against 
pressure ratio for various turbine-inlet temperatures and a constant 
engine weight per 1 unit of frontal area in figure 9. Although some 



af terbuming was used at all turbine-inlet temperatures , the afterburner 
temperature rise for high values of turbine -inlet temperature was very 
small. The turbines were assumed to be air cooled and the cooling losses 
were incorporated in the calculations. A shift in optimum pressure 
ratios toward the higher pressure ratios was observed. The curves are 
very flat, however, and the gains in combat time for increases in pres- 
sure ratio above 5 are small. At a pressure ratio of 5, a gain in combat 
time of only 10 percent could be realized by increasing turbine -inlet 
temperature to 2500° R. If the turbine-inlet temperature were increased 
to 3000° R, a gain in combat time of 14 percent would result, provided 
the engines had the same weight. These effects are rather small. 

The increased volume flow through the turbine for higher turbine- 
inlet temperatures results in higher afterburner -inlet velocities as 
shown in figure 10. Of course, the afterburner -inlet pressures and 
temperatures were also higher and these higher pressures and temperatures 
may possibly counterbalance the higher velocities so that the afterburner- 
design problem may be no more difficult than for the uncooled engines . 

The figures 1 to 10 have been based on use of a variable -area con- 
vergent nozzle at the afterburner outlet. Turbojet engines operating 
at flight Mach numbers of 1.35 and 1.8 have exhaust -nozzle pressure 
ratios as high aa 8:1. If a variable-area convergent -divergent exhaust 
nozzle or some similar device were used instead of a convergent nozzle, 
gain in thrust per pound of air flow would be apparent. This gain would 
permit the use of lighter and smaller engines and would result in 
decreased airplane drag. The airplane drag would decrease further because 
with a larger nozzle-exit area, the nacelle boattail drag would be less. 
These multiple effects combine to improve considerably airplane perform- 
ance, as shown in figure 11. Combat time is plotted against afterburner 
temperature for the 1.8 Mach number design case. The rated pressure 
ratio is 5 and compressor efficiency is 0.85. Lines are shown for air- 
plane performance with the convergent nozzle, as given in the previous 
charts, and for the convergent -divergent nozzle fully expanded in all 
cases. An increase in optimum combat time of about 24 percent was 
obtained. The optimum afterburner temperature is shifted from 4000° R 
to approximately 3100° R. Nozzle configuration, therefore, has a very 
large effect on performance. 

In addition to the nacelle-type power-plant installations, the per- 
formance of airplanes with engines submerged in the fuselage was investi- 
gated for both design flight Mach numbers. In this investigation the 
space requirements in the fuselage for carrying payload, radar, pilot, 
fuel, and similar bulky necessities in addition to the engines were con- 
sidered. For every practical case, the frontal area of the fuselage was 
necessarily considerably larger than the frontal area of the engine com- 
pressor. It was possible, therefore, to allow the tail-pipe area to be 
larger relative to the compressor flow area for the submerged installation 


than for the nacelle installations. The favorable effects of utilization of 
this extra space are shown in figure 12. Combat time is plotted against 
rated pressure ratio for the 1.8 Mach number design. The curves are 
shown for a compressor air flow per unit frontal area of 30 pounds per 
second per square foot and for a dry specific engine weight of 0.3. 

Curves are shown for both the nacelle-type installation and the submerged 
installation. The performance of the airplane with submerged engine was 
only slightly better than the nacelle type at a pressure ratio of 5. At 
a pressure ratio of 3 , however, there was a gain in combat time of over 
25 percent when the engines are submerged. The cause for the large 
increase in combat time is due to the reduction of afterburner-inlet 
velocity. A reduction in afterburner-inlet velocity from 665 feet per 
second to about 500 feet per second was obtained by utilizing the 
additional space available for the afterburner in the submerged case. 

This reduction in velocity was accompanied by a corresponding decrease 
in afterburner -momentum pressure drop, hence the thrust per pound of 
air flow was increased and the engine weight and specif ic -fuel consump- 
tion were conserved. These savings in weight and fuel flow may be trans- 
lated into performance improvement in the submerged installation and not 
in the nacelle installations because the drag penalties are less for 
small increases in fuselage diameter than for similar increases in 
nacelle diameter. These advantages exist only for high compressor air 
flows. If the air flow per unit frontal area of the compressor were 
reduced to about 25 pounds per second per square foot of frontal area 
thereby reducing the general level of the afterburner-inlet velocities, 
the differences in performance would become small. 

The results presented in figures 11 and 12 are representative of 
numerous similar curves obtained in the general interceptor analysis. 

In this portion of the analysis, the engine design variables of com- 
pressor efficiency, air-flow handling capacity, compressor pressure 
ratio, and engine weight were varied independently. In actual engine 
design, of course, these variables are not completely independent; for 
instance, engine weight might be reduced but only at the expense of com- 
pressor efficiency. A study of the best possible combination of com- 
ponents for the conventional axial -flow compress or-turbo jet engine was, 
therefore, made to determine the variation of efficiency weight and air- 
flow handling capacity that would probably be encountered for engines 
of various pressure ratios. When the schedule of weights, efficiencies, 
and pressure ratios were determined, the airplane performance for each 
design -pres sure ratio could be obtained by simple interpolating in the 
more general analys is . 

The airplane performance with the integrated schedule of engine 
design variables Is presented in figure 13. Combat time is plotted 
against rated pressure ratio for both design Mach numbers and for both 
submerged and nacelle installed engines. The compressor air flow 
handling capacity of 25.8 is representative of good current design 
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practice. For the design flight Mach number of 1.35, the compressor 
pressure ratio of 5 is optimum for the nacelle installation. At this 
pressure ratio, the afterburner-inlet velocities are about 450 feet 
per second. For the submerged installation, however, pressure ratios 
from 3 to 5 may be used with little difference in combat time - The 
afterburner -inlet velocity for a pressure ratio of 3 in this case is 
about 500 feet per second and at a pressure ratio of 5 is 470 feet per 
second. 

The curves shown in figure 13 are considerably flatter than those 
shown in preceding figures in which engine weight and efficiency were 
constant. These differences in slope are caused by the combined effects 
of changes in engine weight and efficiency with pressure ratio. 

For the design flight Mach number of 1.8, little difference in com- 
bat time resulted from using pressure ratios of 3 or 5 for both the 
submerged and nacelle installations . From the standpoint of reliability 
and manufacturing simplicity, a selection of a pressure ratio of 3 in 
both cases is probably more desirable. The afterburner-inlet velocities, 
however, are 615 feet per second for the pressure ratio of 3 in a nacelle 
installation and only 460 feet per second for the pressure ratio of 5. 
These high burner-inlet velocities would probably introduce afterburner- 
combustion difficulties, and higher compress or -pres sure ratios to reduce 
the burner-inlet velocities may be a necessity. In the submerged instal- 
lation, however, the afterburner-inlet velocities are only 500 feet per 
second at a pressure ratio of 3. The design pressure ratio of 3, there- 
fore, is practical for this condition. 

Reasonable combat times evidently may be obtained in aircraft 
powered by conventional axial-flcw compress or-type turbojet power plants. 
At a design flight Mach number of 1.35, combat times of about 34 minutes 
are possible, and at a design Mach number of 1.8, combat times of about 
16 minutes may be obtained. 

The supersonic bomber introduces somewhat different power-plant 
problems than the supersonic interceptor. The bomber is not required 
to fulfill the combat requirement of 2g maneuverability; as a result, 
the power loading for the bomber is considerably less than for the 
fighter and the airplane lift-drag ratios are appreciably higher. In 
other respects the aircraft are aerodynamically similar. It will be 
shown that these differences lead to greater premiums on specific fuel 
consumption and fewer benefits for increases in thrust per pound of air 
flow for the bomber-type airplane than for the interceptor. 

The effect of afterburner-outlet temperature on relative range of 
the bomber airplane is presented in figure 14. The bomber had a 500-mile- 
radius Mach number of 1.5 and cruise Mach number of 0.9. The curves are 
for nominal dry specific weights of 0.3 and 0.4 for a rated pressure ratio 




of 7 , compressor efficiency of 0.85, and air flow per unit compressor 
frontal area of 30 pounds per second per square foot. For a constant 
engine weight, the optimum afterburner temperature is about 2600° B. 

The use of afterburning in the supersonic portion of the flight plan 
permits the installation of small engines with low specific fuel con- 
sumption and good off -design performance in the cruise region. It 
should be pointed out, however, that the effect of afterburner tempera- 
ture is small and a reduction in engine weight of only 20 percent would 
be required for the nonafterburning case to obtain range equivalent 
to the optimums shown. Engine weight is important for the bomber 
although the effects are less than for the interceptor airplanes. Com- 
parison of the two curves shows that an increase in engine weight of 
25 percent results in a decrease in optimum range of 6 percent. 

The relative range for optimum afterburner temperature is plotted 
against rated compressor pressure ratio for peak compressor efficiencies 
of 0.85 and 0.75 in figure 15. The optimum pressure ratios for the 
bomber are over 7 although the gains from pressure ratios of 7 to 9 Eire 
small. The paramount importance of compressor efficiency is obvious from 
comparison of the two lines . A loss in range of about 23 percent occurs 
when efficiency is reduced from 0.85 to 0.75. These results emphasize 
the importance of low specific fuel consumption for this application. 

The effects of increasing turbine-inlet temperature for the bomber 
were also investigated. Because the off -design characteristics of 
engines with high turbine-inlet temperatures are poor, the use of these 
engines in airplanes having wide flight-speed variations, such as the 
bomber being considered, does not lead to immediately evident large gains 
in performance. It is possible, however, that the bomber performance 
could be improved by using high turbine -inlet temperatures, and thereby 
eliminating the necessity for afterburning. The resulting weight savings 
may lead to range improvements. The off -design performance of high- 
temperature engines could also be improved considerably by using variable- 
area turbine nozzles. 

The results of introducing the schedule of weights and efficiencies 
for the conventional subsonic axial-flow compress or -type engine into the 
generalized bomber analysis are shown in figure 16. The relative range 
for optimum afterburner temperature is plotted against compressor- 
pressure ratio for the scheduled weights and efficiencies. Optimum pres- 
sure ratio is slightly over 7, but the gains In range for pressure ratios 
greater than 5 are very small. The conventionally designed engine for 
the bomber application should have a rated compressor pressure ratio of 
5 or 7 and either no afterburning or afterburning to temperature of only 
about 2500° E. 

In summary, a few of the important points indicated by the analysis 
will be reviewed. The interceptor analysis has shown that afterburner- 


2-9 



outlet temperatures of 3100° to 3500° B are adequate to insure optimum 
or nearly optimum airplane performance. The airplane performance in 
general is insensitive to changes in compress or -pres sure ratio or turbine- 
inlet temperature. Component efficiencies and engine weights, however, 
are design variables of first order importance. One of the principal 
problems in the design of engines for these applications is the high 
afterburner-inlet velocities encountered for most of the engine design 
conditions investigated. In many cases these inlet-velocity limits are 
the determining factor in engine compressor selection. 

The use of a variable-area convergent -divergent nozzle appreciably 
improves airplane performance. Conventionally designed engines for the 
interceptors should have pressure ratios from 3 to 5. 

A somewhat different type of engine is desirable for the supersonic 
bomber. This engine should have very little or no afterburning and 
compress or -pres sure ratios in the range of 5 to 7. Efficiency should 
not be sacrificed for engine weight. 
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3. - COMMENTS lb 
By Bruce T. Lundin 


The principal results of the analysis of turbojet propulsive systems 
presented in the preceding paper may be conveniently summarized or high- 
lighted with reference to the engine installations presented in figure 1. 
In the upper part of this figure is shown the nacelle engine installation 
for an interceptor airplane designed for a combat Mach number of 1.35, 
and in the lower part of the figure the nacelle installation for a flight 
Mach number of 1.80. For both design combat speeds the optimum, or most 
satisfactory, pressure ratio at sea-level rated conditions was shown to 
be in the region of 5, although the airplane performance was not sensi- 
tive to its exact value. While lower pressure ratios would be desirable 
with regard to engine weight, and would be satisfactory from the stand- 
point of engine cycle performance, the increase in afterburner inlet vel- 
ocities, which would introduce not only combustion difficulties but also 
large thrust losses due to momentum pressure drop in the burner, offsets 
the weight advantage of the lower pressure ratios. Even with these 
values of pressure ratio, the afterburner inlet velocities are over 
450 feet per second for both engines. It should be noted that these 
velocities are based on compressor air flows typical of current attain- 
ments . The principal difference in the two engines for the two flight 
conditions considered is the optimum afterburner outlet temperature, 
which was shown to be about 3100° R for the flight Mach number of 1.35 
and about 3500° R for a Mach number of 1.80. These temperatures, it 
should be recalled, are the optimum values for best combat endurance for 
continuous operation. Higher temperatures are, of course, of interest 
for special combat maneuvers when a high rate of acceleration or short 
turning radius is required at the expense of total endurance. 

The actual values of engine size required for the 40,000-pound gross 
weight interceptor are also included in this figure. For the airplane 
design for a flight Mach number of 1.35, each engine was found to require 
a rated air flow of about 180 pounds per second and a rated, nonaugmented 
take-off thrust of about 9500 pounds . For the higher flight speed, an 
engine about 15 percent larger was required, having a rated air flow of 
213 pounds per second and producing a nonaugmented take-off thrust of 
nearly 11,000 pounds. 

These engine characteristics are for a component efficiency of 
85 percent and the value of this efficiency was shown in the previous 
paper to have an important influence on the airplane performance. If, 
for example, the component efficiency is reduced to 75 percent, such as 
may be obtained with some supersonic compressors, an engine approximately 
one-third larger than illustrated in figure 1 would be required, and the 
combat endurance would be correspondingly reduced. In addition to this 


decrease in airplane performance, a reduced component efficiency would 
also increase the afterburner inlet velocities considerably, which would 
introduce many difficulties of afterburner operation and, in some cases, 
severely limit the afterburner outlet temperature by thermal choking. 

While pressure losses in the afterburner of a nacelle installation 
prevented reductions in compressor pressure ratios below 5, it was shown 
that if the afterburner could be increased in size in a submerged instal- 
lation without greatly increasing the airplane drag, lower pressure ratios 
were advantageous because of the resulting lower engine weight. As shown 
in figure 2, where the nacelle and submerged installations are compared 
for a flight Mach number of 1.80, it is noted that the optimum pressure 
ratio of the submerged engine is about 3. In this installation, the 
afterburner area was considered to be 50 percent greater than the area 
of the compressor and turbine, while in the nacelle installation the 
afterburner was limited to an area of only 15 percent above that of the 
compressor because of aerodynamic drag penalties. The actual size of 
the single submerged engine is, of course, approximately twice that of 
the nacelle -installed engine. The rated air flow of this engine is 
over 400 pounds per second and the rated thrust is over 19,000 pounds; 
the need for large engines for this type of airplane is thus emphasized. 

This analysis of turbojet propulsion systems, although subject to 
the usual restrictions and qualifications arising from the necessity 
of making many basic assumptions, provides some insight into the rela- 
tive importance of various engine variables and an evaluation of the 
required operating conditions of the different components of the engine. 
While fairly satisfactory performance is obtainable with components such 
as those available in many current engines, there always exists, of 
course, the possibility of further improvement. The attainment of these 
improvements is the objective of many of the research investigations in 
progress at the NACA Lewis laboratory, some of which will be discussed 
in subsequent papers. 

With regard to the afterburner component of the engine, the inlet 
velocities will, as has been shown, be fairly high even for a submerged 
engine installation where, although the size of the afterburner may be 
increased somewhat, high velocities will be required in order to realize 
the weight reductions afforded by a low pres sure -ratio compressor. The 
range of pressures over which the afterburner must operate, which is of 
importance to both combustion efficiency and stability, will vary over a 
typical flight plan from roughly 1000 to 5000 pounds per square foot. 

In addition to the problem of obtaining efficient and stable combustion 
in the afterburner over this range of operating conditions, effective 
methods of maintaining the shell of the burner at safe temperatures must 
be provided, especially when very high gas temperatures may be required 
for special combat maneuvers. 

Some of the afterburner research investigations devoted to the 
attainment of these objectives will be discussed in the following paper. 
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By William A. Fleming and E. William Conrad 



4. - TURBOJET THRUST AUGMENTATION FOR 


SUPERSONIC PROPULSION 

By William A. Fleming and E. William Conrad 


INTRODUCTION 

As illustrated in the first paper, thrust augmentation by means of 
tail-pipe burning with exhaust-gas temperatures between 3000° and 3500° R 
is a very definite requirement for the supersonic airplane. From the 
viewpoint of combat time in this or any other type of turbojet aircraft, 
it is, of course, important that the tail-pipe burner combustion effi- 
ciency be as high as possible. 

Because of the importance of high tail-pipe combustion efficiencies, 
the laboratory research program on thrust augmentation has been extended 
with emphasis on improved combustion efficiency. Considerable effort 
has also been directed toward more completely evaluating tail-pipe 
burner cooling requirements. Other factors including minimum size and 
weight, low internal pressure losses, and good control were, of course, 
considered in the designs investigated. 

The discussion of tail-pipe burning will be centered on the perform- 
ance obtained to date over a range of burner-inlet velocities. In 
addition, the tail-pipe burner cooling requirements will be discussed 
and combustion instability characteristics encountered will be reviewed. 


BURNER PERFORMANCE CHARACTERISTICS 

Some of the main tail-pipe burner design features indicated 
desirable by previous work (reference 1) are illustrated by a typical 
tail-pipe burner in figure 1. It was indicated that a V-gutter-type 
flameholder blocking about 30 percent of the burner cross-section area 
and having an included gutter angle of about 30° performed as well as 
or better than any other type of flameholder investigated at the NACA 
Lewis laboratory. A center pilot cone aided in stabilizing combustion. 
Uniform radial fuel- air mixtures and a mixing length of one to two feet 
between the fuel injectors and flameholder were shown to be important 
factors in maintaining high combustion efficiency. A burner length of 
about 4 feet was optimum; longer burners encountered serious shell 
overheating and shorter burners encountered reduced combustion effi- 
ciency particularly at high altitudes. Maintaining the burner- inlet 
velocity as low as possible was conducive to good combustion efficiency. 
An inner liner forming a l/2-inch high passage inside the burner shell 
protected the shell from overheating at exhaust gas temperatures up to 


about 3400° R, with a small amount of air flowing over the outside of 
the burner. Highest exhaust -nozzle efficiencies with variable-area 
nozzles were obtained when the nozzle exit was planar, or nearly so, 
for all nozzle positions and when the movable and fixed portions of the 
nozzle were well sealed against gas leakage. 

The combustion characteristics of a burner incorporating these 
design features and having an inlet velocity of 470 feet per second are 
shown in figure 2 for three burner-inlet total pressures. The tail- 
pipe fuel-air ratio indicated in this figure is defined as the ratio 
of tail-pipe fuel flow to unburned air flow entering the tail-pipe 
burner, when complete combustion in the primary combustors is assumed. 

For this burner the maximum temperature obtained at a burner-inlet 
pressure of 1739 pounds per square foot was about 3450° F with a 
combustion efficiency of 74 percent. At a burner-inlet pressure of 
969 pounds per square foot, corresponding to operation at subsonic 
Mach numbers and an altitude of 50,000 feet, the maximum temperature 
obtained was about 3200° R with an efficiency of 65 percent. A maximum 
efficiency of 88 percent was obtained at a burner-inlet pressure of 
2254 pounds per square foot. 

This configuration was investigated some time ago. Two more recent 
configurations, including additional modificiations indicated desirable 
by earlier work and designed for an inlet velocity of 360 feet per 
second, are shown in figure 3. The most important step in improved 
design technique for these configurations, designated A and B, as 
compared to the one shown in figure 1 was that the radial fuel distri- 
bution was carefully tailored to give a uniform temperature profile 
across the burner diameter. In addition, the inner liner was replaced 
by an external cooling shroud in anticipation of higher exhaust-gas 
temperatures . The two widely different diffuser and flameholder ^ 

designs of these configurations resulted from two different attacks on 
combustion instability encountered, as will be discussed later. In 
spite of these differences, performance characteristics of these two 
configurations were nearly identical; consequently, only the perform- 
ance of configuration A will be discussed herein. 

Combustion efficiencies and exhaust-gas temperatures obtained with 
conf iguration A are compared in figure 4 with those obtained at a higher 
burner-inlet velocity. As indicated, the peak efficiencies were 
increased considerably, reaching values of 97 and 82 percent at burner- 
inlet pressures of 2450 and 925 pounds per square foot, respectively; 
the increases were about 10 percent over those obtained at the higher 
burner-inlet velocity with similar burner-inlet pressures. In addition, 
the regions of peak efficiency were shifted to higher fuel- air ratios, 
which is conducive to obtaining high exhaust-gas temperatures. As a 
result, the maximum obtainable temperature was 4000° R at the highest 
burner- inlet pressure and 3650° R at the lowest pressure. Points at 
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the optimum exhaust-gas temperatures for the supersonic interceptors 
at Mach numbers of 1.35 and 1.80 and an altitude of 50,000 feet indicate 
that the combustion efficiencies at these conditions were approximately 
83 and 94 percent, respectively. 

Over-all performance characteristics of configuration A are shown 
in figure 5 for Mach numbers of 1.35 and 1.80 at an altitude of 
50,000 feet, the design conditions selected in the supersonic inter- 
ceptor analysis. In addition to interpolating the burner performance 
for conf iguration A, assumptions used in constructing these curves 
were that the engine was the one assumed for the interceptor analysis 
having a compressor-pressure ratio of 5.0 at sea-level standard con- 
ditions, and inlet pressure recoveries were the same as those used in 
the interceptor analysis. Both the augmented thrust ratio and specific 
fuel consumption increased with tail-pipe fuel-air ratio. At the 
operating points indicated by the interceptor analysis to give maximum 
combat time, the augmented thrust ratios were 1.85 and 2.30 and the 
specific fuel consumptions were 2.62 and 2.50 at Mach numbers of 1.35 
and 1.80, respectively. 


BURNER- INLET VELOCITY 

The interceptor analysis indicated that combat time could be 
lengthened by increasing the air flow per unit area, which increases 
burner-inlet velocity. From the over-all airplane performance aspect 
it was indicated desirable that the burner-inlet velocity be approxi- 
mately 500 feet per second so that the tail-pipe burner would have the 
same or only slightly larger frontal area than the engine. This dis- 
cussion raises the question as to how the burner-inlet velocity affects 
the burner perf ormance . 

The effect of the burner-inlet variables, velocity, pressure, and 
temperature on combustion efficiency is shown in figure 6 where peak 
combustion efficiencies of several geometrically similar burners are 
plotted against PT/v. This correlation is similar to that used in 
reference 2 for correlating primary combustor performance and is use- 
ful in predicting the effect of the inlet variables on burner perform- 
ance. The data shown correlate well and indicate that PT/V is a 
parameter which takes into account the primary effects on tail-pipe 
burner combustion efficiency. The dashed curve on figure 6 indicates 
the correlation of configuration A with the optimum operating conditions 
indicated for the interceptors at Mach numbers of 1.35 and 1.80 and an 
altitude of 50,000 feet. Data for other burners follow the trends 
shown in this figure: an increased velocity results in reduced com- 

bustion efficiency. Changing the burner geometry, of course, shifts 
the correlation curve, although it has been found typical of most 
burners that the knee of the curve occurs at a PT/V of about 4000. 



Improvements in combustion efficiency shown for configuration A 
at a given value of PT/V above those previously obtained are 
attributed to changes in burner design, particularly changes in fuel 
distribution. Because configuration A incorporated modifications pre- 
viously indicated desirable, it is considered justifiable to refer to 
those data to indicate the effect of velocity on efficiency. Raising 
the burner-inlet velocity of this configuration from 360 to 500 feet 
per second would reduce the peak efficiency from 94 to 90 percent 
at a Mach number of 1.80 and from 87 to 81 percent at a Mach number 
of 1.35. Improvements in combustion efficiency at high burner- inlet 
velocities are possible by continued improvement in burner design. 

A method of increasing average burner-inlet velocity, with possibly 
no loss in combustion efficiency, would be to provide a uniform velocity 
profile at the burner inlet. A velocity profile typical of those 
encountered with most burners is shown in figure 7. As illustrated in 
this figure, although the average velocity is 510 feet per second, the 
velocity approaching the outer gutter is about 700 feet per second; 
the velocity approaching the inner gutter is slightly over 500 feet 
per second; and, because of flow separation from the inner body, the 
velocity near the center of the burner is less than 200 feet per second. 
With a more nearly uniform velocity profile, the average velocity could 
be increased without raising the local velocity over the flameholder 
gutters . 

A method of so changing the velocity profile is by the use of 
vortex generators, such as were recently brought to interest by the 
application in the United Aircraft Corporation wind tunnel (reference 3) . 
An illustration of vortex generators installed on the inner body of 
configuration B is shown in figure 8. The principle of vortex genera- 
tors, which are symmetrical airfoils attached to the diffuser inner 
body and set at angle of attack to the flow, is that the tip vortices 
peeling off the generators mix high-energy stream air with low-energy 
boundary-layer air, consequently providing more uniform velocity 
profiles through the diffuser, retarding flow separation from the 
diffuser wall, and improving the diffuser efficiency. 

Data obtained at the NACA Langley laboratory on vortex generator 
installations (reference 4) in annular diffusers indicated that the 
optimum angle of attack was about 15° and the optimum span was equal 
to the distance from the wall to the point at which the local velocity 
equalled approximately 0.8 of the maximum stream velocity. Variations 
in chord from 1 to 3 inches had no apparent effect on diffuser 
performance . 

By use of this design information, a set of counter-rotating 
vortex generators, alternate blades set at plus and minus 15° angle of 


attack, having a 2-inch chord and l/2-inch span, were installed on the 
inner body of configuration B at the diffuser inlet. The shift in 
velocity profile near the diffuser outlet produced by the vortex 
generators is shown in figure 9. Obtaining measurements at the burner 
inlet was undesirable on this installation because of the location of 
the fuel injectors in the diffuser. As shown in this figure, the peak 
velocity was lowered from 670 to 590 feet per second, and the velocity 
near the inner body was increased significantly. At the same time, 
the total pressure loss across the diffuser was halved. If the peak 
velocity could be maintained at the initial value and the velocity 
in the inner portion of the annulus increased as shown, it would be 
possible to increase the velocity at the measuring station from about 
500 to 575 feet per second. This increase would correspond to an 
increase in burner- inlet velocity of configuration B from 360 to about 
415 feet per second, possibly with no effect on combustion efficiency. 
This point has yet to be proven experimentally. 


COMBUSTION INSTABILITY 

Although previously encountered only at low altitudes, combustion 
instability was recently encountered at altitudes as high as 35,000 feet 
and low subsonic Mach numbers. Others working with tail-pipe burners 
have encountered combustion instability at one time or another. There 
are two types of combustion instability: one a high-frequency screaming 
combustion, and the other a relatively low-frequency buzzing combustion. 
Both types have a very destructuve effect on the burner. 

It is believed that the high-frequency instability is associated 
with flow separation along the diffuser inner body, and that the low- 
frequency instability is associated with the vortex frequency or some 
other flow pattern behind blunt bodies . In each case there is a 
combustible mixture present in the unstable or fluctuating flow region, 
which when ignited burns with explosive rapidity, thereby exerting a 
pressure pulse foreward in the burner. This pressure pulse delays 
introduction of a fresh charge of mixture into the region until the 
initial charge is consumed. After the pulse is expended, a new com- 
bustible charge flows into the region and the cycle is repeated. The 
frequency of these pulses is related to the natural frequency of the 
respective system established; small volumes having a high frequency 
and large volumes, a low frequency. 

Characteristics of unstable combustion have been observed by means 
of high-speed motion pictures of a small two-dimensional combustor with 
two V-gutter flame holders. In these experiments, with a stream 
velocity of 50 feet per second and atmospheric inlet pressure and 
temperature, the flame was observed to pulse intermittently upstream 


between the flame holder gutters at a frequency of about 200 cycles 
per second. Observations made upstream of the flame holder indicated 
that each time the flame pulsed foreward the progress of the column of 
air through the burner was essentially halted. 

In order to avoid the high-frequency screaming combustion instabil- 
ity, it is considered important to provide good diffuser design so as 
to prevent flow separation. In addition, it is considered equally 
important to provide a flame seat at locations where flow separation 
or low velocities may exist . In order to avoid the relatively low- 
frequency buzzing instability, it is considered important to reduce the 
volume of combustible mixture susceptible to detonation by providing 
a flame seat in the unstable region. 

With these principles, the combustion instability characteristics 
recently encountered at an altitude of 25,000 feet and a burner-inlet 
velocity of about 360 feet per second can be reviewed with the aid of 
figure 10, which shows several burner configurations. High-frequency 
screaming combustion was first encountered with configuration type 1 
with the 2-ring V-gutter flameholder located downstream of the pilot 
cone. Observations through a periscope looking upstream into the 
combustor revealed unstable burning along the downstream portion of the 
inner body when screaming combustion occurred. It was felt that the 
prime reason for this instability was the low velocity or reverse flow 
which existed in the boundary layer along the downstream portion of the 
inner body. Two methods of attack to the problem were open. One was 
to eliminate the instability without appreciably altering the diffuser 
design, possibly by installing a flame seat in the region of unstable 
burning, and the second was to improve the aerodynamic design of the 
diffuser to eliminate flow separation. Both methods were investigated 
and the results of each are discussed. 

It was reasoned that moving th'e gutter upstream as indicated in 
configuration type 1 would increase the velocity over the downstream 
portion of the inner body and also the presence of the flame front 
would provide a resistance reducing the adverse pressure gradient 
along the inner body retarding flow separation. Replacing the 2- 
ring V-gutter flameholder with a single ring flameholder at this 
location eliminated the screaming combustion. 

In the process of improving combustion efficiency the pilot cone 
was enlarged as shown by the solid lines in configuration type 2 of 
figure 10. After this modification was made, with the flameholder and 
fuel system essentially unchanged, screaming combustion again occurred 
with unstable burning once more along the downstream portion of the 
inner body. It appeared that the close proximity of the flameholder 
and pilot cone with the low -velocity boundary layer between them 
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promoted burning in this region. Providing a flame seat in the unstable 
region, by inserting a step on the inner body, once again eliminated 
the unstable combustion. 


The other approach toward elimination of combustion instability, 
improved internal aerodynamics, resulted in the design of a long 
gradual diffuser as indicated by configuration type 3 of figure 10. 

In addition to the particular attention given to the lines of the inner 
body, vortex generators were installed at the diffuser inlet to delay 
separation and give a uniform velocity profile. This configuration 
was first operated with only the outer two rings of the V- gutter flame 
holder and with fuel injected at the downstream end of the inner body. 

A severe low-frequency buzzing combustion was encountered with an 
unstable flame in the center of the burner. Insertion of a third 
V-gutter ring in the center of the burner stabilized the flame front 
in this region and eliminated the buzzing combustion. Even with the 
fuel injectors moved upstream near the diffuser inlet, as indicated by 
the diagram, the combustion remained stable. 

Such experiences with combustion instability verify the need for 
good internal aerodynamic design and the location of a flame seat in 
separated or low- velocity regions. 


SHELL COOLING 

A problem that has been receiving considerable study is cooling 
of the tail-pipe burner shell. There are three general types of cool- 
ing or controlling burner wall temperature that can be applied; the 
optimum type depends on the maximum temperature level at which the 
burner is designed to operate. These three types are: (l) for burners 

designed to operate up to about 3000° R, control of flameholder location 
and fuel distribution so that the burning takes place well away from the 
wall thereby providing a layer of unburned gas along the wall; (2) for 
burners designed to operate up to about 3400° R, a liner along the entire 
burner length through which about 6 percent of the tail-pipe gas flow 
is passed to provide cooling for the burner wall and prevent the liner, 
which has only thermal stresses, from overheating; and (3) for burners 
designed to operate at temperatures up to maximum obtainable tempera- 
tures, a shroud extending over the entire burner length through which 
ram air is pumped to cool the burner wall . Types 1 and 2 both require 
a slight amount of external cooling air also to prevent overheating of 
the airplane structure. 

The effect of fuel distribution on the variations of average wall 
temperature at the downstream end of the liner and specific fuel con- 
•sumption with exhaust-gas temperature are illustrated in figure 11. 

It should be noted that severe circumferential wall temperature 




gradients existed at the downstream end of the liner; local tempera- 
tures were in some cases as much as 300° F above the average values . 
Concentrating the area of fuel injection toward the inner wall of the 
diffuser, as indicated by the shaded regions in the sketch, lowered 
the wall temperature at the burner outlet by 50° F during operation 
with an exhaust-gas temperature of 3000° R. In both cases the wall 
temperature at the downstream end of the burner was well within allow- 
able limits at an exhaust-gas temperature of 3000° R. A small amount 
of external cooling existed during these experiments, both convection 
to the low- velocity tunnel air stream and radiation to the tunnel wall. 
As indicated by the rise in specific fuel consumption, the reduction 
in wall temperature was accompanied by a slight decrease in combustion 
efficiency. This rise in specific fuel consumption is attributed to 
maintaining the flameholder geometry fixed while changing fuel distri- 
bution. The loss in specific fuel consumption may be recoverable by 
properly tailoring the flameholder to conform to the new fuel 
distribution. 

Reductions in wall temperature at the burner outlet resulting from 
the installation of a liner are shown in figure 12 . Installing a liner 
the full length of the burner section with no change in flameholder 
or fuel distribution lowered the wall temperature at the burner outlet 
from 1260° to 1050° F for operation at an exhaust-gas temperature of 
3300° R. This reduction in wall temperature was achieved with no 
significant effect on combustion efficiency, as indicated by the 
specific fuel consumptions . Although the shell temperature was well 
within the operating limits, operation at exhaust-gas temperatures 
above 3300° to 3400° R is inadvisable because the temperature at the 
downstream end of the liner has reached 1700° to 1800° F. Because the 
liner is an essentially unstressed shield between the burner shell 
and burning region, these temperatures represent the allowable limits 
of operation. 

Because difficulty is often encountered with liner warping, it 
may be desirable in some cases to replace the liner with shroud cooling 
in this range of exhaust-gas temperatures as well as at higher temper- 
atures . In order to aid in evolving a correlation for shroud type 
cooling, a detailed cooling investigation was conducted in the altitude 
wind tunnel. An extensively instrumented burner was used which had a 
shroud fully insulated on the outside and which was designed to provide 
independent control of temperature, pressure, and air flow through the 
cooling passage. A cooling correlation was developed from these data 
to aid in predicting the cooling requirements at conditions other than 
those at which data were obtained. It is important to note that the 
correlation obtained was dependent upon the radial temperature profile 
across the burner. The burner used was typical of good design for 
operation at an exhaust-gas temperature of 3500° R; consequently, the 
data are generally applicable in this temperature range. For a burner 



designed to operate at an exhaust-gas temperature near 4000° R, conse- 
quently with a more uniform temperature profile, slightly more cooling 
air would probably be required than is indicated by the correlation. 

Ram cooling air requirements based on the cooling correlation 
developed are shown in figure 13 for a shroud having a l/2-inch passage 
height and extending the full length of the burner. As exhaust-gas 
temperature was increased or as cooling air flow was reduced, the wall 
temperatures at the burner outlet increased rapidly. For operation at 
exhaust-gas temperatures between 3600° and 4000° R at the limiting 
shell temperature of 1300° F, the cooling air required equalled 6 to 
9 percent of the tail-pipe gas flow. 

Some consideration has been given to techniques for reducing the 
cooling air flow requirements with a given burner geometry and wall 
temperature. One technique was that of finning the outer wall of the 
burner to increase the heat-transfer area in the cooling shroud. Cal- 
culations indicated that the increased pressure drop through a finned 
shroud outweighed the gains due to increased cooling surface. Another 
technique considered was that of insulating the inner wall of the 
burner shell with a ceramic coating to reduce the heat conduction 
from the gas stream to the burner shell. The insulating effect of a 
0.015 inch thick coating was computed to reduce the shell temperature 
by about 60° F for a given cooling air flow. 

The most promising method of more effective utilization of the 
cooling air is that of porous wall or transpiration type cooling. With 
this type of cooling, the burner shell would be constructed of finely 
woven wire cloth or other suitable porous material having a very low 
porosity and, of course, structurally supported. Air bled from the 
compressor outlet would pass between an external shroud and the porous 
burner wall, all of the air eventually passing through the wall to 
provide cooling. At present it appears that a suitable porous material 
will be available for future use. 

The compressor bleed air required to maintain a burner-wall tempera- 
ture of 1300° F with porous wall cooling was computed and is compared 
in figure 14 with the ram cooling air requirements for a shrouded 
burner having a l/2-inch cooling passage height. In the case computed 
for porous wall cooling, it was found that the 340° F compressor bleed 
air passing through a shroud having a l/2-inch passage height provided 
sufficient convective cooling for the first 2 feet of the 4-foot burner 
length assumed. The computations were therefore made for only the 
downstream half of the burner ' having a porous wall . 

At an exhaust-gas temperature of 3500° R, only 1.9 percent of the 
compressor air flow would be required to cool the porous wall burner 
as compared to a ram cooling air flow equivalent to 5.1 percent of the 


tail-pipe gas flow for shroud cooling. Eyen at a gas temperature of 
4000° R, the porous wall burner would require *only 2.4 percent 
compressor bleed air for cooling. At flight Mach numbers between 
1.35 and 1.8, the amounts of compressor bleed air required with porous 
wall cooling would result in net thrust losses not exceeding 1 to 
2 percent. Depending on the thrust losses associated with taking the 
external cooling air aboard and ducting it through the aircraft for 
shroud cooling, the prous wall m^fhod of cooling may prove most 
efficient for future use. This comparison is given further considera- 
tion in a subsequent paper by Mr. Wilsted. 


CONCLUDING REMARKS 

Data presented for recent tail-pipe burner investigations have 
shown that at flight Mach numbers between 1.35 and 1.80 at an altitude 
of 50,000 feet peak combustion efficiencies of 87 to 94 percent are 
available with a burner- inlet velocity of 360 feet per second. Corre- 
lation of the data indicated that an increase in burner- inlet velocity 
to 500 feet per second would reduce the peak combustion efficiencies 
for this range of conditions to 81 to 90 percent. 

Encounters with combustion instability at altitudes as high as 
35,000 feet have indicated the importance of good tail-pipe diffuser 
design to avoid flow separation and of the provision of flame seats 
at any location where separation or very low velocities may occur. 

At exhaust-gas temperatures above 3500° R, shroud cooling of tail- 
pipe burners was shown to require ram cooling air exceeding 5 percent 
of the engine air flow. Computations indicate that porous wall cooling 
provides more efficient utilization of cooling air bled from the 
compressor; net thrust losses at these flight conditions would not 
exceed 1 to 2 percent. 
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5. - COMMENTS Ic 


By Bruce T. Lundin 


Some of the desirable design features of an afterburner are illus- 
trated schematically in the turbojet engine shown in figure 1. V-gutter- 
type flame holders and adequate mixing distance between the point of fuel 
injection and the flame holder still constitute the best afterburner con- 
figuration that has been investigated. It was also noted that flow 
separation from the diffuser inner cone has been encountered in the dif- 
fusers of many engines. Because fuel is usually injected into this 
annular passage to obtain the necessary mixing distances for good com- 
bustion efficiency, this flow separation may be the source of severe 
combustion instability or "screeching," particularly at high pressures. 
Thus, in order to obtain both stable combustion performance and the 
even velocity profiles that will be necessary for burners operating at 
high average velocities, good aerodynamic characteristics must be pro- 
vided in the burner inlet diffuser. Diffuser inner cones that will 
provide a more gradual rate of change of flow area with axial distance 
than incorporated in many current engines are considered necessary, and 
vortex generators may prove helpful in preventing flow separation, par- 
ticularly in engines having an unfavorable turbine -outlet velocity pro- 
file. 


Although cooling of afterburners operating at gas temperatures of 
about 3400° E may be satisfactorily accomplished by an inner liner and 
an external air shroud, other cooling methods will probably be necessary 
for operation at higher gas temperatures. In this cooling at high gas 
temperatures, considerable promise is indicated by analytical investi- 
gations of porous -wall, or transpiration, cooling, such as are currently 
being studied for turbine -blade cooling. 

With regard to the other components of the engine, specifically 
the compressor, the combustion chamber, and the turbine, improvements 
in their characteristics that will provide even better airplane per- 
formance than afforded by current types of components are, of course, 
possible and here the analysis summarized in the first paper provides 
an indication of the most important and promising avenues of approach. 
Both engine weight and component efficiency were shown to be variables 
of first-order importance; a high premium therefore exists on light- 
weight compressors that will handle a high mass flow rate and still 
retain a high efficiency over a reasonable operating range. When the 
rather large number of stages required in present axial-flow compressor 
designs are considered, together with the fact that from 35 to 40 per- 
cent of the total engine weight is concentrated in the compressor, 
methods of extending the Mach number limits of the first stage, thus 
permitting higher rotative speeds and increased effectiveness of all 
following stages, become particularly attractive methods of reducing 
engine weight. 
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A second important engine design feature that has been previously 
discussed is the use of a convergent -divergent exhaust nozzle. While 
the development of such a nozzle presents many practical difficulties 
and may not be completely solved for some time to come, it is of interest 
to look a little further into some of the implications of the use of such 
a nozzle by referring to figure 2. 

This figure, in which combat time is plotted against the afterburner 
outlet temperature for the two types of exhaust nozzle, is the same as 
previously presented in the first paper. As mentioned therein, the 
greater thrust per pound of air, and hence the smaller engine required 
when a convergent -divergent exhaust nozzle is used, decrease the empha- 
sis on high thrust and increase the importance of specific fuel consump- 
tion, with the result that the optimum afterburner temperature is 
decreased. Even for this high Mach number flight condition, with its 
2-g maneuverability requirement, the optimum temperature is in the region 
of 3000° B. If, now, a turbine-inlet temperature of the order of 3000° E 
becomes attainable by future developments in turbine -cooling methods, the 
optimum afterburner temperature is still further reduced and it is 
apparent that the desired temperature rise in the afterburner will be 
only a few hundred degrees. In this event, it may well be best, at 
least insofar as overall flight endurance is concerned, to use an engine 
without an afterburner and thus realize important weight savings at 
slight sacrifice in engine thrust. Although it has been previously 
pointed out that the use of a high turbine -inlet temperature does not 
greatly improve the airplane performance when an engine with a simple 
convergent nozzle is used, it can be seen here that the convergent- 
divergent exhaust nozzle, in addition to providing improved engine per- 
formance in its own right, places increased emphasis on the attainment 
of higher turbine-inlet temperatures through the application of turbine- 
cooling methods . 

A brief review of some of the research investigation applicable to 
aerodynamic and structural problems involved in the development of com- 
pressors and in the attainment of higher turbine -inlet temperatures by 
effective methods of turbine cooling will be presented in the next paper. 
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6. - SOME NOTES ON ENGINE -COMPONENT RESEARCH 
By Robert 0. Bullock 


INTRODUCTION 

As previously indicated, improved turbojet engines for supersonic 
flight will result from decreasing the size and the weight of the com- 
pressors and turbines and from increasing the turbine-inlet temperature, 
especially if it is high enough to eliminate afterburners . If the axial 
length, as well as the diameter, can be sufficiently reduced, decreases 
in size and weight can result from the -use of higher rotative speeds so 
that the number of blades and the axial length of the rotating parts can 
be greatly reduced. These changes must be accomplished, however, with- 
out decreasing the flow capacity of the engine or sensibly reducing the 
efficiency. The principal obstacle to the development of compact and 
light compressors in this manner has been the lack of knowledge of how 
to cope with high Mach numbers on compressor blades. The principal 
turbine problem, on the other hand, has been the lack of knowledge of 
how to resist large centrifugal blade forces at high temperatures. This 
limitation not only prevents the use of higher rotative speeds, but also 
prevents the use of higher turbine -inlet temperatures. Combustion- 
chamber efficiency and life is another problem to be solved before higher 
turbine-inlet temperatures can be used. Overcoming these obstacles has 
been the continued objective of research programs at both the Lewis and 
Langley laboratories and a few of the results of these investigations 
will be presented in this paper. Since most of the work has been of the 
exploratory type, the results are presented not with the idea of sug- 
gesting immediate design changes in the components of turbojet engines 
for supersonic flight, but rather with the idea of indicating how the 
desired improvements may be obtained in the future by extending the 
degrees of design freedom. 


COMPRESSOR BLADES FOR HIGH MACH NUMBERS 

The necessity of limiting compressor-blade Mach numbers to the 
present values, which are of the order of 0.8, is particularly trouble- 
some at the compressor inlet. High axial velocities are required to 
obtain the desired high flow rates; the rotative speed of the blades 
must therefore be limited. In the latter stages of the compressor, how- 
ever, the air temperature is high, the volume flow rates are low, and 
the Mach numbers are greatly reduced. Higher rotative speeds can not 
only be tolerated, but are also desirable in the latter stages, because 
both the high temperatures and the comparatively low speeds combine to 
reduce the pressure ratios these stages can produce. In other words, 
these stages are penalized by the limitations in the final stages. If 
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the speed could be raised, higher pressure ratios could be obtained in 
all stages, particularly in the latter stages, and the length and weight 
of the compressor would be reduced. 

The cause of the Mach number limits on a compressor blade is the 
same as that on subsonic airfoils. Blade sections having flat pressure 
profiles at high subsonic Mach numbers, as well as blade sections 
deliberately designed for transonic and supersonic flow, may therefore 
be expected to alleviate the problem. The results obtained from this ru 

approach are indicated in figure 1 where efficiency of a blade row is OJ 

plotted against the Mach number relative to the pitch section of the 
blade row. The data for the dashed curve were obtained from a rotor 
blade rcw composed of conventional blade sections. Eliminating the 
pressure peaks through a design developed and tested at Langley Field 
produced the solid curve. The third curve represents a typical trend 
of transonic and supersonic blade sections investigated at this labora- 
tory. The blade designed to have a flat pressure distribution at high 
subsonic Mach numbers is obviously more efficient than the conventional 
blade section, and immediate benefits will result from its use. Although 
the curve for the supersonic blade section indicates a lower level of 
efficiencies, gains are still to be had because the slope of the effic- 
iency curve is always low. 

Suppose, for example, that a compressor with a pressure ratio of 5 
consisted of a transonic inlet stage having a pressure ratio of 1.31 
followed by conventional subsonic stages. The rotative speed of this 
compressor could be 20 percent higher than the speeds of a corresponding 
conventional compressor. Transonic Mach numbers would exist in the 
first stage only; fewer stages would be required. Even if the effic- 
iency of the first stage was 10 percent lower than that of a conventional 
stage, the over-all efficiency of the compressor would be approximately 
only 1.5 percent lower than that of the conventional compressor. A pre- 
liminary version of such an inlet stage has recently been constructed at 
this laboratory. It is believed that this stage will not have a 10- 
percent penalty in efficiency, however, because higher efficiencies 
have been observed in supersonic compressor of greater pressure ratio 
than 1.3. 

As previously noted, high subsonic Mach numbers may be realized in 
the latter stages as a consequence of higjher rotative speeds. Some idea 
of the resulting pressure ratios attainable in these stages is presented 
in figures 2 and 3. The variation of total pressure ratio with peak 
rotor efficiency is shown in figure 2 as obtained from tests of the 
Langley blade presented in figure 1. Pressure ratios approaching 1.6 
were obtained with rotor efficiencies of 90 percent. Slightly lower 
pressure ratios have been obtained from stages composed of conventional 
blade sections at relatively high subsonic Mach numbers . Results 
obtained from one of the single stages investigated at this laboratory 
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are shown in figure 3. Peak pressure ratios of 1.4 were obtained with 
a combined rotor and stator efficiency of 90 percent. Figure 3 is not 
to he directly compared with figure 2 since the cascade variables are 
not comparable. These data are presented only to show what might be 
done in the latter stages if the Mach numbers there are high enough. 

The ultimate in high-pressure -ratio stages, of course, is to provide 
the pressure ratios desired in a compact single stage with few blades. 
Preliminary studies of one type supersonic compressor have indicated that 
the pressure ratios desired for supersonic flight (between 3 and 5) can 
be obtained in a single supersonic stage. An experimental rotor for this 
type of compressor is shown in figure 4. This rotor was designed to 
rotate at a speed of 1600 feet per second with no static pressure rise in 
the rotor itself] that is, it was designed as an impulse rotor. All the 
diffusion and shocks were to take place in stators downstream of the 
rotor, so that perforated diffusers and other devices could be used to 
reduce the losses. Experience with the first rotor and stator tested, 
however, showed that simple, fairly efficient diffuser blades could be 
designed as long as the Mach number ahead of the blades did not greatly 
exceed 1.5. The investigation also showed that the best over-all per- 
formance was obtained when there was a shock within the rotor and near 
the trailing edge, as well as in the diffuser blades. This rotor is now 
an impulse rotor in name only. The combined performance of such a rotor 
and stator is shown in figure 5. At the rotor speed of 1000 feet per 
second, where the flows in both the rotor and stator were transonic, an 
over-all pressure ratio of 1.8 was obtained with an efficiency of 85 per- 
cent. At 1200 feet per second, the pressure ratio was 2.3 with an effic- 
iency of 77 percent. At higher speeds the efficiency was rapidly 
reduced. A second experimental rotor for this type of compressor has 
been constructed, but so far only the rotor, without stators, has been 
investigated. The data obtained are presented in figure 6. A total 
pressure ratio of 5 was obtained at design speed with a rotor efficiency 
of 84 percent. The investigation of the previous rotor and stator com- 
bination showed that stators having a 15-percent loss in total pressure 
can be designed to handle the flows leaving the rotor at the high- 
pressure -ratio condition. Accordingly, a complete stage containing this 
rotor is expected to produce a total pressure ratio of 4.2 with an effic- 
iency of 76 percent. Stator blades are now being constructed to deter- 
mine whether or not this expectation can be realized; even higher effic- 
iencies may reasonably be expected to result from future developments. 


TURBINE BLADES OF HIGH TAPER 

Before high-speed compressors can be utilized, the problem of coping 
with centrifugal forces on turbine blades must be solved. The problem 
is usually most severe at the trailing edge of the rotor, where the den- 
sity is lowest and the required height of the blade is greatest. The 
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stresses resulting from the centrifugal forces can he reduced by taper- 
ing the blade chord in the manner illustrated in figure 7. The profile 
shewn here is the projection of a rotor blade on a plane through the 
axis of rotation and represents a configuration which could be designed 
to drive a high-speed supersonic compressor. In this particular turbine 
the maximum permissible taper in blade thickness was used, and the chord 
at the inner surface was approximately twice that at the outer surface. 

The performance of this turbine is shown in figure 8, where efficiency 
is plotted against blade-to-jet speed ratio. Efficiencies above 87 per- 
cent were observed in the vicinity of the indicated design point. Explor- 
ation of the possibilities of this type of design is being continued. 
Kegarding the efficiency of high-speed turbines, it may be noted that 
higher speeds offer higher blade-to-jet speed ratios for the development 
of a given amount of power. Improvements in efficiency usually result 
from raising this ratio. 


TURBINE COOLING 

Higher turbine speeds can also be realized when turbine cooling is 
used. If the cooling of the blades is strong enough, the high tempera- 
ture alloys can be replaced by alloy steels which have greater strength 
and lower strategic -material content. The larger allowable stresses 
permit the higher speeds to be utilized. A large background in turbine 
cooling has been accumulated at the Lewis laboratory as the result of 
research to ease the critical materials problem. Many of the results 
of this research have been presented in previous conferences at the 
NACA Lewis laboratory and only the results of a recent investigation 
will be highlighted at this time . 

Several air cooled blades formed from aircraft -quality steels have 
been inserted in the turbine of a turbojet engine and subjected to 
endurance runs. All these blades were essentially hollow blades in 
which numbers of tubes were inserted to provide the necessary internal 
heat-transfer surfaces. The endurance runs consisted of repeating the 
following cycles of operation until some evidence of failure was 
observed: 5 minutes at the idling speed of 4000 rpm, 15 second accel- 

eration to military power at 11,500 rpm, 15 minutes at military power, 
then 15 seconds deceleration to idling speed. The following table 
summarizes some of the test conditions and results of these runs. 
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Blade 

Endurance at military 
rating 

Total 

endurance 

time 

(hr) 

Remarks 

Time 

(hr) 

Turbine inlet 
temperature 
(°R> 

Coolant - 
flow 
ratio 

9 -tube cast 
SAE 4130 steel 

22 

2130 

0.05 

_| 

30.7 

80 cycles . Test 
terminated by 
excessive creep 

12 -tube formed 
SAE 4130 steel 

39 

2130 

0.05 

52.3 

154 cycles. Test 
terminated by 
excessive tip 
oxidation 

12 -tube formed 
Timken alloy 
17 -22A[ S ] 

50.5 

2130 

0.05 

67.7 

200 cycles . No 
evidence of 
failure 


The heat endurance was obtained from the blade formed from a Timken 
alloy, 17-22A[S], which contained the following strategic -materials 
content; 1.25 percent chromium, 0.5 percent molybdenum, and 0.25 per- 
cent vanadium. Over 50 hours of operation at military power, together 
with 200 accelerations and decelerations with the attending heat shocks 
and suddenly applied loads, were successfully completed without any 
mechanical evidence of blade failure. The cooling airflow required for 
these runs was 5 percent of the compressor mass flow. Better cooling 
techniques have since been devised, and revised blades will be similarly 
investigated in the near future. It is anticipated that equal endur- 
ance will be obtained with 2 percent of the compressor mass flow 
instead of 5 percent 

Turbine cooling also permits the use of higher turbine -inlet tem- 
peratures to realize the improvements in performance outlined in the 
comments preceding. Available data indicate that nonstrategic turbine 
blades may operate with turbine-inlet temperatures as high as 2500 °R 
by using of the order of 5 percent of the compressor mass flow for 
cooling. By increasing the strategic content of the blades, the cooling 
airflow may be reduced or the turbine -inlet temperature may be even 
further increased. 


COMBUSTION CHAMBER FOR HIGHER TEMPERATURE 

Another problem in the development of higher turbine -inlet tempera- 
tures is the problem of combustion-chamber design. Two questions arise; 
How can the higher than normal fuel-air ratios be efficiently utilized, 
and how do the higher temperature levels affect the life of the 








combustion chamber? Preliminary investigations have given a partial 
answer to the first question, but the work is not sufficiently advanced 
to shed any light on the answer to the second. In. figure 9 are pre- 
sented the results of a preliminary investigation to determine how the 
efficiency of a conventional combustion chamber is affected when the 
fuel-air ratio is increased beyond the normal limits. Combustion tem- 
perature rise is plotted against fuel-air ratio, and lines of constant 
combustion efficiency are drawn. Point A shows the fuel-air ratio and 
temperature rise required for the engine of the previously discussed 
interceptor at 1.8 Mach number, with a compressor pressure ratio of 5 
and a turbine -inlet temperature of 2000 R. Point B represents the 
corresponding requirements for 2500° R. A small change in efficiency 
was observed, but the efficient attainment of higher temperatures does 
not seem to present a difficult problem. The problem of life must 
await future investigations, however, but it appears that the structural 
members behind the burner will present greater difficulties than the 
liner itself. 


SUMMARY 

Developments in compressor and turbine-blade designs and turbine- 
blade cooling indicate that moderate increases in rotative speeds can 
be made at the present time for reducing the size and weight of engines. 
Moderate increases in turbine-inlet temperature can also be made. A 
consideration of the rate of progress in the supersonic-compressors and 
turbine-cooling fields indicates that designs for light and compact 
research engines with higher turbine-inlet temperatures may be made in 
the near future; applying these ideas to production engines, however, 
will take more time and effort. 
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7. - COMMENTS Id 


By Bruce T. Lundin 


In some of the cascade and supersonic compressor research cited in 
the proceeding paper, it was observed that operation at transonic rather 
than purely supersonic conditions was possible with fairly high effi- 
ciencies. Design studies of compressors specifically designed for this 
type of operation further indicate tiiat appreciable increases in air 
flow capacity may be possible with this type of compressor and the very 
desirable characteristic of high efficiency may be retained. Such a 
compressor, which may be termed a transonic compressor, is illustrated 
in the engine shown in figure 1. For a pressure ratio of 5, a possible 
arrangement would be to use a transonic first stage followed by four or 
five more conventional subsonic stages. This use of an inlet stage 
that has high mass flow characteristics and that may be rotated at high 
speed will increase the effectiveness, or pressure ratio per stage, of 
all of the following subsonic stages with a resulting reduction in the 
total number of stages required, and hence a potential saving in engine 
we ight . Although the efficiency of the inlet stage is somewhat lower 
than would be desired, its combination with the more efficient subsonic 
stages should provide a compressor with an over-all efficiency that is 
not appreciably lower than that of many present axial -flow designs. 

Both turbine cooling and combustion research were also reviewed 
that indicated that operation at a turbine -inlet temperature of about 
2500° R is possible with air-cooled turbine blades and conventional 
combustion chambers. Continued increases in these operating tempera- 
tures are, of course, to be expected by future research and developments. 

In addition to the principal internal components of the engine that 
were discussed in the previous papers, a satisfactory control system for 
the engine must be provided. The control of a turbojet engine with an 
afterburner becomes considerably more complicated than that of a simple 
turbojet engine because of the extra degree of freedom possessed by the 
engine. Not only must the primary fuel flow be regulated to maintain 
the correct engine speed, but the exhaust -nozzle area must be manipu- 
lated in accordance with the afterburner fuel flow in order to maintain 
the proper value of turbine gas temperature. Moreover, the thrust out- 
put of the engine, and hence the integrated or scheduled values of these 
three operating variables, must be also regulated by the movements of a 
single control lever or throttle. One of the principal problems encoun- 
tered in the development of control systems for this purpose is to pro- 
vide a system that will enable the thrust of the engine to be changed 
quickly from one level of operation to another and that will still 
operate stably over wide ranges of flight and operating conditions. 
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In addition to these control system requirements of providing a 
rapid thrust response without oscillatory operation, the problem of 
flight speed stability at supersonic speeds has been frequently dis- 
cussed. This problem may be illustrated with reference to figure 2, 
where the thrust and drag are plotted against the flight Mach number. 
The thrust curve in this figure is representative of the output of an 
afterburning turbojet engine operating at constant speed and tempera- 
ture conditions, and the drag curve is typical of supersonic airplanes. 
In the subsonic speed region, the drag increases rapidly with an 
increase in flight speed, while the engine thrust curve is fairly flat; 
therefore, as the thrust is reduced to establish a given flight speed, 
the thrust curve will intersect the drag curve with a large angle, and 
stable speed conditions will be provided. In the supersonic speed 
region, however, the thrust curve is approximately parallel to the drag 
curve, and its intersection with the drag curve may occur at a very 
small angle or even be superimposed on the drag curve for fairly wide 
speed ranges, thus resulting in an unstable flight speed condition. 
Control systems for stable speed conditions must therefore provide a 
variation in thrust with flight speed that will intersect the drag 
curve at large angles and yet permit the attainment of maximum thrust 
output when required for acceleration. 

Some possible solutions to these control problems of flight speed 
stability, rapid thrust response, and stable engine operation will be 
discussed in the next paper. 
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TURBOJET ENGINE WITH TRANSONIC 
COMPRESSOR AND AFTERBURNER 


P 2 /P 1 = 5 T 4 = 2500° R 



Figure 1 


TYPICAL VARIATION OF THRUST 
AND DRAG WITH FLIGHT SPEED 



Figure 2 
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8. - TURBOJET -ENGINE CONTROL SYSTEMS 


IN SUPERSONIC FLIGHT 

« 

By John C. Sanders 


INTRODUCTION 

Surveys of the principal problems in control at supersonic flight 
have shown that flight speed instability and the necessity for adjust- 
ing the inlet diffuser to the engine constitute two problems which are 
of particular interest in supersonic flight. The object of this paper 
is to survey the problems involved in providing a control system that 
will afford safe regulation of the engine, permit the obtaining of 
maximum power and lowest fuel consumption, and provide stable flight 
speed. A commonly proposed control system is described herein that 
will provide safe operation and maximum power. A discussion of the 
difficulties involved in this type of control, means of improving the 
safe operation, and means for avoiding oscillation in thrust will be 
included. An investigation of methods of incorporating a system for 
stabilizing flight speed will then be made, and finally consideration 
will be given to the control system for regulating the diffuser. 


CONTROL TO PROVIDE SAEE OPERATION 

A control system for the turbojet engine with afterburner is 
required to operate the engine safely, to permit the engine to develop 
its maximum thrust, to operate the engine most economically at any 
thrust output, and to achieve rapid changes in thrust. Danger of 
injury to the engine results from overspeeding the engine rotor or 
from excessive turbine temperature. On the other hand, when the after- 
burner is in operation, the maximum thrust and minimum specific fuel 
consumption will be realized at maximum engine speed and turbine tem- 
perature. Consequently, the engine control will be required to main- 
tain these two conditions. 

One commonly proposed control system that will maintain maximum 
engine speed and temperature is shown in figure 1 for an engine with an 
afterburner. The engine speed is regulated by a speed controller that meas 
ures the speed of the engine and compares that speed with the desired speed 
which is set by a schedule connected to the pilot's throttle. The 
difference between the measured speed and the desired speed excites a 
calculator which in turn adjusts the engine fuel flow to achieve the 
desired engine speed. The temperature control is of similar nature. 

The temperature at the turbine outlet is measured and compared with the 


desired turbine-outlet temperature as set by the pilot's throttle 
through a schedule. The difference between the desired temperature and 
the observed temperature excites a calculator which changes the exhaust 
nozzle to the engine in such a way as to establish the desired tempera- 
ture. When the afterburner is in use, thrust is adjusted by scheduling 
the corrected afterburner fuel flow with throttle position. 

An idea of how well this control system meets its requirements may 
be formed by inspection of experimental data obtained with an engine 
and control tested in the altitude wind tunnel. A transient record of 
the time history of thrust, engine, and turbine-inlet temperature 
following a change in afterburner fuel flow is shown in figure 2. This 
record shows that the thrust rose to its full value in less than two 
seconds. The engine speed was regulated within close limits since the 
increase in fuel flow to the afterburner caused the engine speed to drop 
only about 2 percent and the speed returned to its set value in about 
2 seconds. The turbine-outlet temperature was not quite so accurately 
regulated, since a temperature overshoot of 300° resulted. However, the 
control returned the temperature to approximately its original value in 
less than 2 seconds. Thus, in this particular case, the control pro- 
vided quick change in thrust and held the engine speed and temperature 
within reasonably narrow limits. The control, however, did exhibit one 
objectionable feature in that a severe thrust oscillation occurred. 
Thrust oscillation was equal in magnitude to the total thrust augmenta- 
tion of the afterburner. This thrust oscillation was sufficiently 
severe to reduce the impulse of the afterburner 40 percent. 

The cause of this oscillation can be seen if the cycle of events is 
traced in figure 1. The change in fuel flow caused a rise in the 
pressure at the discharge to the engine turbine, which in turn caused 
the engine speed to decrease. The speed control increased the engine 
fuel flow thereby raising the turbine-outlet temperature. The high 
turbine-outlet temperature excited the temperature control to open the 
nozzle. Opening of the nozzle reduced the turbine-out’let pressure, 
which in turn caused the engine speed to rise. The speed control then 
reduced the fuel flow thereby reducing the temperature. Thus, a long 
operating cycle occurs when a change is made in afterburner fuel flow 
and a considerable time lag exists between the change in fuel flow and 
the change in nozzle area. This long time lag between disturbance and 
correction makes oscillation likely. 

The designer has a choice in the design of the calculators in the 
speed and temperature controllers. The calculators must have suffi- 
ciently high gain to hold the speed and temperature within the limits 
specified, but the higher these gains are made the more prone the system 
is to oscillate. Calculations have been made for a particular engine to 
show the effect of the gain of these calculators upon the accuracy with 
which the speed and temperature are regulated and the likelihood of 
oscillation. The dynamic constants used in this computation (fig. 3) 
are as follows : 
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Engine constants from equilibrium data 

Speed change /engine fuel flow change, percent 85.0 

Turbine-outlet temperature change /engine fuel flow 

change, percent 54.9 

Speed change/nozzle area change, percent 54.3 

Turbine -out let temperature change/nozzle area change, 

percent 24.4 

Speed change/afterburner fuel flow change, percent .... 31.3 

Turbine-outlet temperature change/af terbumer fue] flow 

change, percent 15.6 

Engine constants from transient data 

Turbine-outlet temperature change /engine speed change, 

percent . -15.5 

Eesponse time constant of engine speed, seconds 1.0 

Control system constants 

Engine fuel valve lag time constant, seconds 1.0 

Engine fuel hydraulic lag time constant, seconds 0.29 

Thermocouple lag time constant, seconds 0.1 

Afterburner fuel valve lag time constant, seconds 1.0 

Exhaust nozzle (second order) first lag time constant, 

seconds 1.0 

Exhaust nozzle (second order) second lag time constant, 

seconds 0.29 


The results of this calculation are shown in a stability chart 
presented in figure 3. This figure shows that if only small deviations 
in engine speed U and turbine -out let temperature T are specified, 
high values of gains in the speed and temperature controls must be 
used. However, high values of speed and temperature control gain create 
conditions of oscillation. Thus, it may be seen that there is a limit 
to the accuracy with which the speed and temperature may be regulated 
with this system. If a very close tolerance is set upon the speed and 
temperature deviation, some modification of this control system is 
necessary. 

The condition under which the worst deviation in speed and tempera- 
ture occur is when a large change In afterburner fuel flow is made. 
Consequently, if some system could be devised whereby the shock upon the 
speed and temperature control circuits resulting from this change in 
afterburner fuel flow could be reduced, then the requirements upon the 
speed and fuel-flow controls could be considerably relaxed and would 
permit the use of a stable control. The principles of control design 
for minimization of shock loads of this type are discussed in a general 
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mann er by Boksenbom and Hood in reference 1. An application of these 
principles to the afterburner control problem is illustrated in the 
control system presented in figure 4. In figure 4, the control system 
is essentially the same as shown before, except that an additional loop 
has been added as shown by the broken lines. This loop connects the 
throttle with the nozzle. Changing thrust by moving the throttle in this 
case causes the following chain of action: (a) the throttle moves the 

fuel valve to the afterburner thereby increasing the fuel flow to the 
afterburner, (b) it simultaneously moves the nozzle area to approximately 
the value it should have when the system settles out, (c) then the 
remaining actions of the speed and temperature controller are to set the 
nozzle at exactly its proper position. Thus, this neutralizing control 
merely guesses the change in nozzle area which will be required and 
therefore greatly reduces the shock load upon the speed and temperature 
circuits. It is theoretically possible to design this neutralizer con- 
trol circuit so that it completely eliminates the shock load resulting 
from change in fuel flow. In this case, a change in throttle position 
will cause a change in thrust with no deviation in speed and temperature. 

Figure 5 shows the results of an analog computation of the time 
history of response of engine temperature and engine speed to a change 
in afterburner fuel flow with the original afterburner control and with 
the afterburner control including the neutralizing link. This figure 
shows close correspondence with experimentally observed response of 
figure 2. It is seen that a large deviation in temperature and speed 
occurs in the original control system. With the neutralizer link, the 
deviations in temperature and engine speed are almost eliminated. 

With the neutralizer link, the demand for high gains in the speed and 
temperature controls is therefore eliminated, and the design of a stable 
afterburner control system is simplified. 


STABILIZATION OF FLIGHT SPEED 

Several schemes for stabilizing flight speed are available. How- 
ever, these schemes should be restricted to those that permit the engine 
to develop its full thrust without causing engine damage. If the engine 
is to get full thrust, the control must know the compressor-inlet 
pressure or density. If the control is to provide flight stabilization, 
it must know either the atmospheric pressure or the flight Mach number. 
Therefore, for flight speed stabilization, an additional quantity must 
be measured. The suggestion is made here that the flight Mach number 
be sensed and used to regulate the afterburner fuel flow as shown in 
figure 6. The control in figure 6 is the same as the previously dis- 
cussed control including the neutralizer link in the afterburner nozzle 
circuit. However, in this case, the throttle does not adjust the after- 
burner fuel flow, but rather sets a desired flight speed. This flight 
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speed is compared with the measured 'flight speed and the difference 
between the measured and the desired flight speed excites a calculator 
in such a manner that it adjusts the afterburner fuel flow to make the 
flight speed equal to the desired speed. 


This control scheme introduces an additional control loop. The 
elements of this complete control loop can be seen in figure 7. In 
this figure the engine with its afterburner control system produces 
thrust upon the airplane. The airplane responds to a change in thrust 
by changing its flight Mach number. The change in flight Mach number is 
compared with the desired flight Mach number and the difference is fed 
to the flight speed calculator which adjusts the fuel flow to the after- 
burner, thus completing the control loop. There is an opposing control 
loop in this system, however, in that a change in flight Mach number 
would change the diffuser operation in such a manner as to change the 
airplane drag, change the engine thrust, and change the afterburner 
fuel flow which also changes the engine thrust. Now these two control 
loops have opposing action, because increase in flight Mach number 
operates through the diffuser to the engine to increase the thrust, 
whereas the increase in flight Mach number is compared with the set Mach 
number through the controller to reduce 'the thrust. 


The control designer can make a choice of the gain of the flight 
speed calculator. The higher gain of the calculator will provide an 
increasing stability of the aircraft. In order to examine the effect 
of calculator gain upon stability, the index of stability for the com- 
plete control system is now reviewed. 

The index for the stability is the time required for the airplane 
to reach the set Mach number. If the airplane takes an infinitely 
long time to reach its final speed, the system is completely unstable, 
as is the case with the previous control systems described. The more 
stable controls will reach the final or set Mach number more quickly. 
The number used to indicate this stability is the time constant of 
response of the entire engine airplane control system to a change in 
the set speed. (This criterion of stability is applicable if the 
response time of the engine is small compared to the response time of 
the airplane.) The response time is the time required for the flight 
speed to change 63 percent of the required change in flight speed. 

When this time constant is infinity, the system is unstable. The 
reciprocal of the time constant is therefore used as the index of 
stability in order to avoid the occurrence of infinity in the 
calculation. 


Figure 8 shows the effect of the flight speed calculator gain upon 
the stability parameter, which is the reciprocal of the flight speed 
time constant. It also shows the fluctuation in afterburner fuel flow 


as a function of the gain of the flight speed calculator. This chart is 
applicable only to the particular combination of airplane and engine 
chosen for the illustration. It shows that a certain minimum gain is 
required of the flight speed calculator to produce a stable system. 

Above this gain the airplane responds more and more quickly and shows 
greater and greater stability. However, increasing the gain of the 
flight speed controller results in greater fluctuations in afterburner 
fuel flow and the gain can be set so high that the fluctuations in 
afterburner fuel flow could cause afterburner blow-out. 

Another problem, the possibility of oscillation, is involved in 
the use of high gains. In general, if the response time of one element 
is much longer than any other element in a closed loop, little likelihood 
of oscillation exists. The time constant of response of the airplane to 
the change in thrust is about 30 seconds, whereas the time constant of 
the response of the engine to a change In afterburner fuel flow should 
not be greater than two seconds. The ratio here is one to fifteen, 
indicating little likelihood of oscillation. However, if the gain of 
the control is selected to be very high, oscillation will nevertheless 
occur. A condition of oscillation with moderate gain in the flight 
speed calculator may occur In the transonic flight speed range, for in 
the transonic flight speed range the time constant of the airplane falls 
to as low as 2 seconds. The problem of oscillation at transonic speed 
requires further study. 


DIFFUSER CONTROL 

The need for adjusting the diffuser for flight Mach number is pre- 
sented in a subsequent paper by Luidens and Esenwein. Adjustment to 
the diffuser with flight Mach number is necessary to achieve maximum 
thrust possible from the engine and to achieve the lowest specific fuel 
consumption. The plan considered herein for adjusting the diffuser is 
to schedule the position of the diffuser with flight Mach number, as 
shown in figure 9. 

In this application, a variable geometry diffuser is applied to the 
airplane having scoops on the side of the fuselage. A portion of the 
fuselage ahead of the diffuser entrance is hinged and can be adjusted 
to vary the angle between the side of the fuselage and the surface of 
the ramp. The adjustment of this ramp angle also changes the area of 
the inlet diffuser to the engine. A device senses the flight Mach 
number of the airplane and positions this ramp in schedule corresponding 
to the flight Mach number. 

This control appears to be reasonably independent of the engine. 
However, a change in the position of the diffuser changes the diffuser 
efficiency, which changes the pressure at the inlet to the engine; this 
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pressure will change the thrust of the engine. A change in the engine 
thrust will change the flight Mach number which will he sensed by the 
diffuser control; the control loop is thereby closed and oscillation is 
, possible. The elements of the complete control loop are shown in 

*0 figure 10. 

TO 

M 

^ The time constant of the airplane is shown to be about 30 seconds, 

whereas the response time of the engine 1 b 2 seconds, and the diffuser 
control should certainly be able to move the diffuser position in 
2 seconds. Therefore, since the time constant of the airplane is long 
compared to the time constants of the engine or diffuser, oscillation 
is unlikely. However, a condition exists where oscillation is possible. 
In the transonic speed range, the time constant of the airplane becomes 
very low, of the order of 2 seconds, and in this case oscillation could 
occur. However, the schedule of ramp angle for the diffuser flight 
Mach number shows that the diffuser ramp angle can be constant from 
Mach number of 1.2 down to lower speeds; if such a schedule were set, 
the control would be inoperative in that flight speed range and oscilla- 
tion would not occur. 


CONCLUDING REMARKS 

A preliminary study of the problem of control of the turbojet 
engine at supersonic flight speed has indicated that it is possible to 
design a control for service at supersonic flight speed that will assure 
safe engine operation with quick thrust response, flight speed stability, 
and proper adjustment of the inlet diffuser. 

In the course of this presentation several dynamic constants have 
been used, particularly in connection with the stability chart of 
figure 3. These constants were chosen to represent a particular engine 
at a selected flight condition. It has been found that these dynamic - 
constants vary with flight operating conditions and from one engine 
design to another. Furthermore, the behavior of the control system is 
quite sensitive to some of these constants. The only reliable method 
known at present for obtaining these constants is by direct measurement 
on the engine during transient operation. Of particular importance is 
the determination of these constants at the extreme conditions under 
which the control must operate, such as high altitude. 

If a control designer did not have accurate knowledge of the signif- 
icant dynamic constants, he might choose a control system that either 
would give poor protection and show poor response or would produce severe 
thrust oscillation. 
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- INTRODUCTION AND COMMENTS Ha 
By Demarquis D. Wyatt 


In the next section some of the problems associated with the 
installation of turbojet engines in supersonic aircraft will be discussed. 
One of the major problems is that of getting the charge air to the engine 
in the most efficient manner; that is, the inlet problem. There are 
many ramifications to this problem, but the essential ingredient in any 
inlet design is the attainment of high pressure recovery. 

The importance of pressure recovery to the performance of turbojet 
engines can be illustrated in the manner indicated on figure 1. In 
this figure the percent change in engine thrust per percent change in 
inlet total pressure recovery is plotted as a function of flight Mach 
number for a typical engine. Sea-level and high-altitude flight are 
illustrated for engine operation with and without afterburning. Sea- 
level flight in the lower speed range results in an engine thrust loss 
of the order of 1.5 times the inlet total pressure loss. At high 
altitudes and supersonic speeds the thrust loss is reduced somewhat, 
but remains on the order of 1.2 times the inlet pressure loss. The 
loss in thrust arises from two factors. There is a one-to-one reduction 
of engine airflow with pressure loss and a consequent one-to-one 
reduction in thrust. In addition losses in inlet total pressure are 
reflected in reductions in cycle efficiency and account for the remain- 
ing thrust losses . The mass-flow reduction is the same for afterburning 
or nonafterburning configurations; however, the reduction in cyclic 
efficiency is comparatively lessened for the afterburning engine because 
of the higher jet thrust, and consequently the net effect is a lesser 
penalty for inlet pressure losses with the afterburning engine as 
compared with the nonafterburning engine. 

Although the engine thrust is more sensitive to inlet pressure 
losses in the subsonic flight region, high pressure recoveries are 
easier to attain in this region than at supersonic speeds where 
diffusion problems are complicated by the well-known tendency of 
supersonic airstreams to decelerate through nonisentropic shock 
patterns. Consequently, although percentage thrust losses are lowered 
in the supersonic range, the total thrust loss potentialities with 
imperfectly designed inlets are in general greatly increased. 

Although the threshold of an era of turbojet powered supersonic 
airplanes is now being approached, certain aspects of the supersonic 
diffuser problem have been well explored. The principles for effi- 
cient supersonic diffusion enunciated by Kantrowitz and Donaldson, 
Oswatitsch, Ferri, and Evvard (references 1 to 4) have been widely 
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applied in nose inlet diffusers suitable for nacelle installations . 

The general level of maximum pressure recoveries that appear possible 
with well designed nose inlet installations is indicated on figure 2 
as a function of flight Mach number . The pressure recovery for theo- 
retical normal shock is included for reference. 

At flight Mach numbers up to 2 or slightly above, adequate nose 
inlet configurations are possible. Pressure recoveries from approxi- 
mately 90 percent up appear reasonable up to Mach number 2.0. In the 
higher speed range it is hoped that further research will result in 
pressure recoveries higher than those currently achieved, although a 
general leveling of the recovery curve is not to be expected. 

From many nonaerodynamic considerations, principally radar, the 
nose inlet is not currently considered as suitable generally as the 
side inlet for supersonic airplanes, particularly of the interceptor 
type. Until recently, however, experimental pressure recoveries 
achieved with side- inlet configurations have been considerably lower 
than those indicated on figure 2 as possible with nose inlets. 

The side inlet operates under several inherent difficulties as 
compared with the nose inlet. Schematically represented two-dimensional 
nose and side inlets satisfying the same design parameters of area 
ratio and length are presented in figure 3. The principal difference 
in the inlets lies in the nature of the boundary layer which may be 
encountered in the diffusion process . The nose inlet may generally 
be considered to be free of initial boundary layer so that only the 
boundary layer accruing on the inner cowl and inner body is present 
to complicate the diffusion process. At Mach numbers up to 2.0 this 
boundary layer does not significantly affect the diffuser performance. 
Subsonic diffuser pressure recoveries from 95 to 97 percent are not 
uncommon at Mach number 2.0. 

The side inlet is not free of initial boundary layer, on the other 
hand, and will in fact encounter the whole boundary layer accumulated 
on the fuselage ahead of the inlet unless this boundary layer is 
removed. If any part of the fuselage boundary layer is allowed to 
enter a side inlet of the general type illustrated, poor diffusion may 
result because of the internal geometry. 

Whereas the nose inlet generally discharges on the same axis as 
the inlet, the side inlet will generally require a translation of the 
flow to discharge on a centerline inboard of the inlet centerline. 

For the configuration illustrated, maximum local curvatures and conse- 
quently maximum local pressure gradients will occur on the inboard 
duct surface. This is the surface washed by any initial boundary layer 
allowed to enter the inlet and separation possibilities are enhanced. 
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It is therefore not surprising that side-inlet pressure recoveries have 
been generally lower than nose-inlet recoveries . 

The initial boundary layer that must be removed to give possibili- 
ties for good side-inlet pressure recoveries is, of course, a function 
of the body geometry ahead of the inlet. The complicated problem which 
confronts the designer of an adequate boundary- layer -removal system is 
illustrated by the data in figure 4. These data were obtained from 
pitot surveys in the vicinity of a parabolic body of revolution in the 
8- by 6-foot tunnel at a Mach number of 2.0. Contours corresponding 
to a measured pressure to free-stream total pressure ratio of 0.6 are 
presented at the bottom of the figure for the maximum thickness and 
base planes of the body. 

At 0° angle of attack, the uniform boundary layer thickens as the 
rear of the body is approached, as would be expected. At an angle of 
attack, the boundary layer tends to flow to the top or lee side of the 
body and to form into symmetrical lobes which develop as the rear of 
the body is approached. This phenomenon of cross-flow separation has 
been treated by Allen (reference 5) . 

It is obvious from an examination of figure 4 that the boundary- 
layer-removal problem ahead of a side inlet can be very complex. If 
the inlets are located on the upper quadrants of a circular fuselage 
of the type shown, the inlet may be practically immersed in boundary 
layer at high angles of attack. Locating inlets on the side of the 
body would reduce the magnitude of the boundary layer but would still 
yield nonuniform boundary- layer distribution at angle of attack. 
Locating an inlet on the bottom would of course be optimum for the 
body illustrated. 

Not only is the boundary layer on a body dependent on the axial 
and circumferential location of the inlet and on the angle of attack 
of the body, but it will vary with body shape, Mach number, and 
Reynolds number. A generalization of the boundary layer problem and 
its influence on side inlet performance is therefore difficult; however, 
some recent research conducted by the NACA has clarified the problem. 
This work will be discussed in the next paper. 
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10. - EFFECT OF BOUNDARY-LAYER CONTROL ON PERFORMANCE OF 
SIDE INLETS AT SUPERSONIC SPEEDS 
By Edgar M. Cortright, Jr. 


In the introduction to this paper some inherent problems in the 
use of side or scoop type inlets were discussed. Among the foremost 
of these problems is the fact that the boundary layer that has developed 
on the body ahead of the inlet may flow into the inlet and thereby 
reduce its efficiency. The effect of an initial boundary layer on the 
performance of several types of side inlets utilizing various means and 
degrees of boundary layer control is presented, in some detail in this 
paper . 

The side inlet configurations investigated utilized three types of 
supersonic diffusers, which are shown in figure 1. The most systematic 
and thorough research has been conducted on the spike diffuser. This 
diffuser consisted of half of a 50° conical- spike or Ferri-type nose 
inlet with all external compression. The second supersonic diffuser 
considered was a modified ramp type wherein the external compression 
was obtained by means of a 14° two-dimensional ramp. The face of the 
inlet was approximately semicircular in shape. The third diffuser 
obtained external compression by means of a 28° included angle wedge 
mounted normal to the body surface. The cross-section of the inlet was 
generally semicircular with the inlet lip swept so as to lie in the 
plane of the shock wave generated by the wedge. Each inlet faired into 
a subsonic diffuser which developed into a circular discharge duct. 

The majority of the data presented on the spike-type inlet were 
obtained with the model shown in figure 2 and are reported in reference 1. 
The diffuser is mounted on a flat plate in the 18- by 18-inch supersonic 
wind tunnel at the NACA Lewis laboratory. The inlet was at zero angle 
of attack and zero yaw with respect to the local stream 'of Mach number 
of 1.88. The length of the flat plate ahead of the inlet was varied 
in order # to vary the thickness of the initial boundary layer. In order 
to insure a fully developed turbulent boundary layer, the leading edge 
of the plate was roughened. Removal of various amounts of the initial 
boundary layer was accomplished by means of the ram-type boundary- layer 
scoop shown at the tip of the conical compression surface. The height 
of this scoop was varied by moving the inlet relative to the flat plate. 

It is interesting to note that the boundary- layer removal system was 
"self energized" in that discharge to free stream static pressure 
constituted sufficient pumping for supercritical operation of the scoop. 

The internal geometry of the main duct and the boundary layer duct 
as well as some significant dimensions are indicated in figure 3. The 


flov area of the main duct developed from an annular to a circular 
cross section as indicated. Pressure surveys of both ducts were made 
at stations 2 . It was found that the flow in the main duct tended to 
separate from the inboard surface and that transverse Mach number gradi- 
ents at the duct discharge were correspondingly large. 

In this paper inlet performance will be discussed in terms of peak 
total-pressure recovery of the inlet F^Z^l* where is the total 

pressure of the free stream ahead of the inlet and P2 is the average 
total pressure at the subsonic -diffuser discharge. In figure 4 peak 
pressure recovery is plotted as a function of boundary -layer scoop- 
height parameter h/& where h is defined as the height of the scoop 
and 5 is defined as the thickness of the initial boundary layer to 
the point where the velocity is equal to 0.99 times the local stream 
velocity. In figure 1 the parameter h/S indicates the amount of the 
initial boundary layer removed since the boundary- layer scoop was 
operating supercritically, that is, capturing its full projected frontal 
area of boundary -layer air. The ratio of the boundary -layer thickness 
to the inlet radius S/R was approximately 0.093. When all of the 
initial boundary layer was permitted to flow into the inlet (h/S = 0) 
a very low pressure recovery of 0.68 was recorded. When the boundary- 
layer scoop height was increased, the inlet-pressure recovery increased 
in an approximately linear manner. At a value of scoop -height parameter 
of 0.9, a peak pressure recovery of 0.89 was recorded which compares 
favorably with the pressure recovery obtainable with the nose-inlet 
counterpart . 

If theoretical shock losses alone are considered, a pressure 
recovery of approximately 0.94 would be expected. When the average 
decrement in total pressure ahead of the inlet due to the presence of 
the initial boundary layer is subtracted from this value of pressure 
recovery, a pressure recovery of 0.91 is predicted with all of the 
boundary layer flowing into the inlet (h/6 = 0). The large additional 
decrement in pressure recovery obtained experimentally was determined 
to occur for the most part in the subsonic diffuser. The fact that 
these internal losses decreased greatly as the initial boundary layer 
was removed is indicative of the role of the boundary layer in destroy- 
ing the subsonic diffuser efficiency. 

Experiments at the NACA Langley laboratory with essentially the 
same supersonic- diffuser configuration (reference 2) have indicated the 
large improvements in pressure recovery with removal of the initial 
boundary layer to be obtainable throughout the Mach number range from 
1.3 to 1.9 as indicated in figure 5. The complete inlet consisted of 
half of an axially symmetric nose inlet and hence the subsonic diffuser 
imposed less severe turning requirements on the internal flow. An 
apparent result was that the inlet was less adversely affected by the 
initial boundary layer than the spike inlet previously described; for 
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example, a pressure recovery of 0.75 at Mach number 1.9 was obtained 
with no boundary-layer removal as compared with a pressure recovery of 
0.68 with the first inlet at the same conditions. 

In actual practice the boundary layer ahead of the inlet may not 
be of uniform depth. The fuselage cross-section shown in figure 6 is 
not as conducive to cross-flow separation as the circular fuselage des- 
cribed in the introduction because it is streamlined in the cross-flow 
direction. The initial boundary layer as experimentally determined, 
however, is nonuniform. In order to investigate the effect of a non- 
uniform initial boundary layer, the leading edge of the flat plate used 
to generate the boundary layer was swept resulting in the condition 
indicated in figure 6 with the maximum thickness 5 only slightly 
greater than the original 5 of the uniform boundary layer. For a 
given setting of the scoop-height parameter h/b therefore, less low- 
energy boundary layer is permitted to pass into the inlet than with the 
uniform boundary layer. This replacement of some low-energy air with 
free- stream air did not improve the inlet performance, however, as 
indicated on the plot <pf peak pressure-recovery variation with scoop- 
height parameter for both boundary- layer conditions. The maximum thick- 
ness of the entering boundary layer is therefore indicated to be signifi- 
cant in the determination of the extent of the internal losses. 

Up to this point only the cases of the boundary -layer scoop operating 
at maximum mass flow with no spillage (supercritical) have been considered. 
It is of interest to know how subcritical operation of the boundary- layer 
scoop affected the inlet performance. This is shown in figure 7 where 
peak pressure recovery for the spike-type inlet is plotted as a function 
of scoop-height parameter for various mass-flow ratios m/m ^ ^ of the 
boundary -layer scoop. The term m is defined as the actual mass flow 
handled by the boundary-layer scoop and i%a X i s the maximum mass flow 
that could be captured with the particular boundary layer present. For 
relatively small values of scoop-height parameter, a reduction of boundary- 
layer scoop mass flow spilled low-energy air into the inlet (fig. 8(a)) 
and reduced the inlet performance in much the same manner as if the scoop 
height had been reduced. In the case of large scoop heights any reduction 
of the scoop mass-flow ratio below approximately 0.75 resulted in unstable 
scoop and inlet flow with large associated reductions in inlet-pressure 
recovery. 

The sensitivity of the inlet to boundary- layer scoop spillage is 
undesirable. Accordingly, three alternative boundary layer control 
systems were investigated (fig. 8(b) to 8(d)). The first of these 
consisted of the original ram scoop with the sides removed to permit 
spilled air to pass to the sides. The second alternative scoop 
(fig. 8(c)) was designed to accomplish the same thing; in addition, 
the leading edge of the scoop lip was swept back at the conical shock 
angle. This is the type scoop utilized in reference 2. In the present 


investigation the boundary-layer ducts were completely blocked and 
hence represented only the limiting case of no flow. They may also be 
considered to represent the case where it is desired not to take any air 
aboard but merely to deflect it around the ini et . In such an application, 
however, the blunt type of deflection represents an extreme case. The 
last method of boundary-layer control investigated consisted of cutting 
out the lip of the cowling at the junction of the cowling and boundary- 
layer surface in lieu of any removal of boundary layer ahead of the inlet, 
(fig. 8(d)). The large pressure differential between the interior and 
the exterior of the inlet thus tends to cause the boundary- layer air, 
which was found to accumulate in the corners of the annulus, to flow to 
the outside. This type of control could also be combined with a duct if 
desired. 

The results obtained with these systems are shown in figure 9 where 
peak pressure recovery is plotted as a function of scoop-hcight parameter. 
The two limiting cases of maximum and zero mass flow through the original 
ram scoop are also included for reference. The ram scoop with sides 
removed was not completely effective in deflecting the boundary layer; a 
maximum pressure recovery of 0.81 was obtained. One cause of this was 
the strong disturbance, arising from the blunt type duct blockage, that 
was in evidence ahead of the splitter plate. Use of a low angle -deflection 
wedge would presumably improve the performance. The scoop with a swept 
leading edge was more effective than the previous scoop and yielded a 
maximum pressure recovery of 0.85. In the case of the slotted cowling, 
h is defined as the slot height. At a slot -height parameter h/s of 
1.5, a pressure recovery of 0.86 was obtained. 

Considerable evidence has been presented to demonstrate the 
desirability of preventing the initial boundary layer from flowing into 
a spike type side inlet. The ramp -type inlet, which was introduced at 
the beginning of this paper represents another type that has been 
investigated. This inlet was designed for use on a supersonic research 
aircraft and submitted to the NACA Lewis laboratory for study in the 8- 
by 6-foot supersonic tunnel. Photographs of the inlet mounted on the 
aircraft fuselage are shown in figure 10. Provision was made for 
boundary layer removal ahead of the compression ramp by means of a ram 
scoop . 

The performance of this inlet is shown in figure 11 where peak 
pressure recovery is plotted as a function of scoop height parameter 
for a range of Mach numbers of 1.2 to 1.8. The Mach numbers indicated 
do not represent the free-stream Mach numbers but rather those that 
occurred ahead of the inlets which were approximately 0.2 less than free 
stream at a body cruising angle of attack of 3°. At this altitude the 
inlet was approximately aligned with the local stream. Peak pressure 
recovery was referenced to the total pressure of the local free stream 
ahead of the inlet, which corresponded closely to free-stream total 
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pressure. With the original boundary- layer scoop the inlet-pressure 
recovery was 0.77 at Mach number of 1.8. This low recovery was due to 
two factors: The boundary- lay er scoop height was only about half the 

boundary-layer thickness and the boundary- layer scoop mass-flow ratio 
was considerably less than 1, due to mass-flow limitations of the 
boundary- layer ducting. By removing the sides of the ram scoop the 
effective scoop mass-flow ratio was increased to approximately 1 with 
the expected improvement in inlet-pressure recovery. When the scoop 
height was increased to remove all of the initial boundary layer, the 
inlet-pressure recovery was increased to 0.87. With elimination of the 
boundary- layer scoop the inlet- pres sure recovery at a scoop-height para- 
meter of 0 was obtained. The resulting variation of peak pressure 
recovery with scoop-height parameter was found to be much the same as 
for the spike-type inlet. At lower Mach numbers the improvement in 
inlet performance due to boundary -layer removal was again present. 

In an effort to decrease the sensitivity of side inlets to the 
entering initial boundary layer, the normal wedge-type inlet was designed 
at the NACA Lewis laboratory. This inlet, which was described earlier, 
is shown in figure 12 mounted on the same aircraft fuselage for test in 
the 8- by 6-foot tunnel. Investigations were conducted with the original 
ram scoop with a scoop-height parameter of 0.55 and a scoop- mass-flow 
ratio of 0.65 for purposes of comparison, the scoop was eliminated to 
allow all of the initial boundary layer to enter the inlet. 


Peak pressure-recovery performance of the normal wedge inlet is 
shown in figure 13 as a function of boundary-layer scoop-height para- 
meter. The same general trend of improved performance with removal of 
the initial boundary layer was observed. The inlet was less adversely 
affected by the initial boundary layer however, as exemplified by 
comparison of the performance with that of the ramp inlet. This result 
is apparently due to the reduced curvature of the internal surface onto 
which the initial boundary layer flows as illustrated in the sketches of 
figure 13. 


The foregoing data were obtained with the inlet aligned with the 
local stream. With the body at angle of attack, changes in both the 
initial boundary layer and the local flow angularities occurred. In 
figure 14 the peak pressure recovery of the ramp-type inlet is shown 
as a function of body angle of attack at a free- stream Mach number of 
2.0. The lower curve was obtained with the boundary- lay er scoop in 
its original condition. (The dip in this curve at a = 3° is as yet 
unexplained and probably slightly exaggerates the difference between 
the ramp and wedge inlet in figure 13.) The upper curve was obtained 
with the scoop modified to remove all of the initial boundary layer 
at cruise altitude. With the larger scoop height, the inlet-pressure 
recovery was less adversely affected by the increase of fuselage angle 
of attack from 0° to 12°. In addition it was observed that at 12° angle 



of attack, the boundary layer had thickened ahead of the inlet so that 
the scoop-height parameter h/& for the larger scoop had decreased from 
1 to a value of approximately 0.65. The decrement in pressure recovery 
due to angle of attack was therefore only slightly greater than would be 
expected from boundary layer considerations alone. 

Any decision to use boundary- layer control must, of course, con- 
sider the penalities in drag, mechanical complication, and weight of 
the various boundary- layer removal systems. If the boundary- layer air 
is to be taken aboard for cooling purposes the system must also be 
matched to the cooling requirements. A detailed consideration of these 
factors is beyond the scope of this paper; however, a general insight 
into the drag penalties of boundary- layer removal as compared with the 
improvement in engine thrust may be obtained from figure 15. In this 
figure the effect of boundary- layer control ahead of a spike -type inlet 
on the maximum thrust performance of a typical turbojet engine with 
afterburner operating at 35,300 feet and Mach number of 1.88 is pre- 
sented. The ratio of engine thrust minus boundary- layer removal drag 
to engine thrust without boundary- layer control is plotted as a function 
of boundary -layer scoop-height parameter. The boundary- layer thickness 
varies from 0.093 to 0.11 times the inlet radius. With larger initial 
boundary- layer thicknesses, the drag due to boundary- layer removal would 
increase correspondingly. 

In the case where the boundary- layer removal is considered to 
result in no drag increase, the net thrust (thrust minus drag due to 
boundary- layer removal) increases 33 percent when most of the boundary 
layer is removed. If all of the total momentum of the boundary layer 
removed is considered lost, which represents an extreme case, the net 
thrust still increases approximately 27 percent. If the boundary layer 
is taken aboard by means of a ram scoop and discharged in the downstream 
direction through a choked nozzle, the maximum net-thrust increase using 
experimentally determined pressure recoveries in the boundary-layer duct, 
was calculated to be only slightly reduced. When the boundary-layer air 
is deflected around the inlet, the cost in drag is again indicated to be 
relatively small. In one phase of the investigation of the ramp inlet in 
the 8- by 6-foot tunnel, a 68° deflecting wedge was placed under the 
splitter plate of the ram scoop. Pressure measurements on the wedge as 
well as force measurements on the aircraft forebody were obtained which 
yielded a drag coefficient for the deflecting wedge. When this coeffi- 
cient is utilized with the spike-inlet data, a maximum increase in net 
thrust of approximately 30 percent with optimum boundary- layer removal 
is indicated. 

In summary, it was demonstrated that complete removal of the initial 
boundary layer ahead of side- or scoop -type inlets generally resulted in 
large improvements in the inlet performance. The cost in drag due to 
boundary- layer removal was generally small in comparison with the thrust 
increases available with the improved inlet performance. 
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SIDEINLET TYPE 



NORMAL WEDGE DIFFUSER 
28° WEDGE 

Figure 1 




SPIKE INLET MOUNTED IN 18- BY 18-INCH TUNNEL 




Figure 2 




PRESSURE RECOVERY, P 2 /P, 


DIMENSIONS AND INTERNAL CONTOURS 
OF SPIKE INLET 



EFFECT OF BOUNDARY LAYER ON SPIKE INLET PERFORMANCE 




Figure 4 
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EFFECT OF BOUNDARY LAYER AT VARIOUS MACH NUMBERS 



Figure 5 


SPIKE INLET PERFORMANCE WITH NONUNIFORM 
INITIAL BOUNDARY LAYER 




ATTACK, 12' 



Figure 6 


PRESSURE RECOVERY, P 2 /P, 


EFFECT OF SUBCRITICAL OPERATION OF BOUNDARY- LAYER SCOOP 



SCOOP-HEIGHT PARAMETER, h/8 


Figure 7 

BOUNDARY LAYER CONTROL SYSTEMS 



(a) RAM SCOOP (b) RAM SCOOP WITH SIDES REMOVED 



(c) RAM SCOOP WITH SWEPT LEADING EDGE (d) COWL SLOTS 
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SPIKE INLET PERFORMANCE WITH VARIOUS BOUNDARY- 
LAYER-CONTROL SYSTEMS 



RAMP INLET ON SUPERSONIC AIRCRAFT FUSELAGE 



Figure 10 






EFFECT OF BOUNDARY LAYER ON RAMP INLET PERFORMANCE 
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Figure 11 

NORMAL WEDGE INLET ON AIRCRAFT FUSELAGE 



Figure 12 
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EFFECT OF BOUNDARY LAYER ON NORMAL WEDGE INLET 

PERFORMANCE 



SC00P-HEI6HT PARAMETER, h/8 


Figure 13 

EFFECT OF ANGLE OF ATTACK ON RAMP INLET PERFORMANCE 

M 0 ,2.0 



Figure 14 
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EFFECT OF BOUNDARY LAYER REMOVAL ON THRUST 



Figure 15 
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11. - COMMENTS lib 
By Demarquis D. Wyatt 


After air inlet problems are sufficiently under control to permit 
the attainment of high pressure recoveries at a given flight Mach ’ 
number or over a range of Mach numbers, there yet remains the problem 
of matching the air handling characteristics of the inlet to the air 
requirement characteristics of the turbojet engine. A consideration 
of this topic will be discussed in the next paper. 

The matching problem is fortunately simplified by a fundamental 
characteristic of the turbojet engine that is illustrated in figure 1. 
When the corrected air flow handled by the engine is plotted as a 
function of corrected engine speed, the data fall on a single line 
(neglecting Reynolds number effects). In figure 1 the air flow and 
engine speed are plotted as percentages of the respective rated sea- 
level values . 

For a flight path on which the true engine speed is constant, the 
corrected air flow is affected only by the inlet stagnation temperature. 
The inlet stagnation temperature is a unique result of the flight 
speed and ambient-air temperature and is quite independent of the 
inlet attached to the engine. 

The corrected air flow can be directly and uniquely related to a 
compressor-inlet Mach number. Hence it is possible to replace the 
generalized air-flow map of figure 1 by a map of the compressor-inlet 
Mach number as a function of flight Mach number and flight altitude 
as in figure 2. The curves hold as shown only for a constant true 
engine speed. The compressor-inlet Mach number decreases as flight 
speed is increased at a given altitude because the inlet stagnation 
temperature is increased. Correspondingly, the inlet Mach number 
increases with an increase in altitude for a fixed flight Mach number 
because the stagnation temperature decreases. 

For constant engine speed, the compressor- inlet Mach number 
indicated on figure 2 for a specified flight condition represents the 
unique operating point of the engine, independent of the inlet. For 
a given flight Mach number and altitude, the engine will operate at 
the value of compressor- inlet Mach number shown by figure 2 regardless 
of whether the inlet has 100-percent or 10-percent pressure recovery. 

The compressor-inlet Mach number may be considered as the required 
inlet discharge Mach number for the specified flight condition. 
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If the engine is neglected and the inlet is considered as an 
isolated component, a fixed geometry inlet is found to operate over 
a wide range of discharge Mach numbers. This is shown on figure 3 
for a hypothetical inlet where diffuser pressure recovery is plotted 
as a function of diffuser discharge Mach number for a range of flight 
Mach .numbers . At each flight Mach number, the diffuser-pressure- 
recovery characteristic is represented by two curves. The right-hand 
region of decreasing pressure recovery represents supercritical or 
constant air flow operation. The decrease in pressure recovery is the 
result of shock recession into the diffuser as the discharge Mach 
number is increased. The left-hand constant-pressure-recovery line 
represents subcritical flow or operation with constantly decreasing 
mass flow as the discharge Mach number is decreased. (In practice, 
the subcritical pressure recovery is seldom constant but is so 
represented on fig. 3 for simplicity. ) The intersection of the sub- 
and supercritical regions, labeled critical, represents maximum 
pressure recovery with maximum mass flow and minimum drag for the 
inlet represented. 

Although a wide range of discharge Mach numbers can be obtained 
from an isolated diffuser at each flight Mach number, there is only 
one discharge Mach number that is of any significance when the inlet 
is connected to a specified turbojet engine at a given altitude and 
engine speed. The designer can arbitrarily set the matching Mach 
number for one flight condition, but the intersection of the engine 
and diffuser characteristics at any other flight condition is wholly 
dependent on the compressor-inlet Mach number schedule. 

The consequences of this inflexibility are illustrated in 
figure 4. On the left of figure 4, the diffuser curves from figure 3 
are reproduced. The operating schedule for a typical turbojet engine 
at constant altitude is superimposed. In this example it has been 
assumed that the designer sized the inlet so that the engine operating 
point coincided with the critical diffuser condition at a Mach number 
of 2.0. This choice would be sensible, since maximum engine thrust 
and minimum inlet drag would be attained. For the example chosen, 
however, the engine characteristic would fall into the subcritical 
dif fuser region for all lower flight Mach numbers. Thus, the inlet 
would be too large at lower flight speeds, and large amounts of air 
would have to be spilled around the inlet in order to satisfy the 
engine requirements. Undesirably large additive drags might therefore 
penalize the installation at Mach numbers below 2.0. As a secondary 
consideration, many inlets 
in the subcritical region, 

If the designer seeks 
on the right of figure 2. 


in practice operate with pulsing inlet flow 
which might be harmful to the engine. 

to avoid spillage the results are indicated 
The diffuser has now been assumed to be 
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sized to give critical inlet flow for the engine operating condition 
at a Mach number of 1.0. The engine characteristic is now seen to 
intersect the diffuser characteristic in the supercritical region for 
all higher Mach numbers with large reductions in pressure recovery. 

At a Mach number of 2.0, for example, the matching point occurs at an 
inlet pressure recovery of only 0.72. 

The matching problem which confronts the airplane designer has 
been illustrated by figure 4. In general, a fixed inlet design at 
supersonic speeds will result either in thrust losses due to low 
pressure recovery or in drag losses due to air spillage. (The 
example chosen assumed a constant maximum air-flow capacity of the 
inlet independent of flight Mach number. Practical external compression 
inlets have a variable mass-flow capacity which tends to crowd the 
diffuser characteristics together. For such inlets the general trend 
shown is reversed; that is, the inlet sized for Mach number 1.0 will 
spill air at Mach number 2.0 and vice versa. The general difficulty 
in matching is still present.) 

There are, of course, other matching problems than the constant- 
altitude supersonic Mach number case shown in figure 4. The design of 
an inlet must accommodate altitude variations and subsonic flight 
speed operation, either of which may present critical performance 
problems. The example chosen has, however, illustrated the probable 
inadequacy of a fixed-geometry inlet to yield maximum performance. 

The next paper will therefore discuss recent analytical and experi- 
mental evaluations of variable geometry inlet designs that may 
improve the installation performance. 
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12. - EFFECTS OF INLET DESIGN ON PERFORMANCE OF 
TURBOJET-ENGINE INSTALLATIONS 
By Roger W. Luidens and Fred T. Esenwein 


INTRODUCTION 

As pointed out in the introductory comments, the turbojet-engine- 
inlet matching problem has a number of aspects, such as matching over 
the range of supersonic Mach number, matching for take-off and low- 
speed operation, and matching for altitude and temperature effects. 

The primary purpose of this paper is to discuss the inlet matching 
problem over the range of supersonic Mach number up to a free-stream 
Mach number Mq of 2.0, and to discuss the problems associated with 
take-off. 

The penalties associated with mismatching an inlet and turbojet 
engine will appear as thrust losses associated with low pressure 
recoveries, or as drag penalties due to air spillage, or both. 

The performance of various inlet configurations will therefore be 
discussed in terms of a thrust parameter, which is defined as engine 
thrust F n minus inlet drag D i divided by the thrust for 
100-percent pressure recovery. The analysis is made for a typical 
turbojet engine operating at constant engine speed in rpm, constant 
afterburner temperature, and having the air-flow characteristics 
presented in the introductory remarks. 

First, the problem of matching in the supersonic speed range will 
be illustrated by considering the theoretical performance of a number 
of possible fixed- and variable- geometry inlet designs. Significant 
points of the analysis will then be substantiated by experimental 
results. 


ANALYSIS 

Presented in figure 1 is the variation of the thrust parameter 
as a function of free-stream Mach number. If the engine is assumed 
to have an inlet which at each flight Mach number yields the maximum 
pressure recovery attainable through an oblique and normal shock 
and a 95-percent subsonic recovery and to have zero drag, the engine 
performance shown by the solid curve is obtained. This pressure 
recovery assumption gives an 86-percent recovery at a free-stream 
Mach number Mq of 2.0 and 95 percent at Mq of 1.0 and below. 

This curve also represents what might be called the performance with 
a perfectly matched two-shock inlet. It is a reference curve and 
will be shown on subsequent figures. 


The dashed curve is the performance of a fixed- geometry inlet 
designed to he matched at a free-stream Mach number of 2.0. The design 
of the inlet is shown in the right-hand sketch. The angle of the wedge 
for maximum pressure recovery is 16°. The oblique and normal shocks 
fall at the lip of the inlet, and consequently a full free-stream tube 
of air enters the inlet with zero spillage. The performance of the 
inlet is thus at the reference value at the high Mach number. 

The center sketch shows a flow configuration for a typical Mach 
number below design M of 1.7. The oblique shock has moved ahead 
of the inlet lip and the deflection of the flow through the oblique 
shock causes excessive spillage of air around the cowl. Because of 
the mass spillage, a strong shock must form in the subsonic diffuser 
in order to meet the engine specified diffuser discharge Mach number. 
Because of the restricted air flow into the inlet and the resulting 
low pressure recovery, the inlet performance is 20 percent less than 
the reference value over most of the Mach number range. Of the 
20-percent loss, only about 4 percent results from additive drag 
due to mass spillage around the inlet. The remaining 16 percent is 
associated with the low pressure recovery. At subsonic Mach numbers, 
choking occurs at the inlet throat because of the high air-flow 
requirement, as shown, for example, at M of 0.85. Thus a fixed- 
geometry inlet designed for the high Mach number is grossly mismatched 
over most of the lower Mach number range. 

Perhaps the inlet would be better matched to the engine 
requirements if it were designed for an intermediate Mach number. 

Such a case is shown in figure 2, where the inlet is designed for 
M equal to 1.5. The curves from the previous figure are also shown. 

As before, at the flight Mach numbers below design, severe performance 
penalties result for reasons discussed on figure 1. At above 
design flight Mach numbers, large penalties occur because the cowl 
area of the inlet is too small. A loss of 15 percent exists at 
Mq of 2.0. From the two cases considered, it is concluded that an 
inlet that is mismatched because it is effectively undersize in 
general gives large performance losses. 

This conclusion leads to consideration of an inlet which is 
enlarged so that it is never undersized over the range of Mach number 
considered. An example is shown in figure 3. The inlet is sized at 
M of 0.85 to avoid choking at the minimum inlet area, but retains 
the geometry which yields high performance at a Mach number of 2.0, 
that is, the 16° wedge design. This design is shown in the lower 
left-hand sketch. The inlet performance over the range of Mach number 
is shown by the dashed line. Reference performance is, of course, 
obtained at Mo equal to 0.85. The operation of the inlet at 
supersonic speeds is shown typically at M of 2.0. The inlet is now 
oversize and spillage occurs behind a bow shock to meet the air flow 
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required by the engine. At Mach number of 2.0, the pressure recovery 
is high but the inlet is spilling about 16 percent of its air capacity 
around the cowl. The drag due to the spillage results in the 6-percent 
performance loss shown. The largest loss in performance is 13 percent 
and occurs at M of 1.4. This loss results partly because of spillage 
and partly because the 16° wedge angle does not give good pressure 
recovery at Mach numbers in this range. Thus a fixed- geometry inlet, 
sized for the low Mach number condition, is mismatched because it is 
oversize at the higher Mach numbers. In general, then, with fixed- 
geometry inlets appreciable performance losses must be accepted over 
at least a part of the Mach number range. Therefore, it is worthwhile 
looking into variable- geometry inlets to see if matching can be 
achieved over a wide Mach number range. 

A large part of the loss shown on this figure results from the 
high drag associated with spillage behind a bow shock. One scheme for 
reducing this drag is shown in figure 4. The curve from figure 3 
is also presented. Instead of spilling the air behind a bow shock 
(left-hand sketch) the excess air is taken into the inlet and 
exhausted through a sonic nozzle ahead of the engine (right-hand 
sketch) . This scheme is sometimes called a bypass system. The 
performance of this variable-geometry inlet is about 8 percent 
better th-,n the fixed- geometry inlet over the Mach number range. It 
has a maximum loss in performance of 5 percent from the reference 
value at M of 1.4. The maximum loss occurs near 1.4 because the 
16° wedge does not give good pressure recoveries at the Mach number 
near 1.4. This improved performance has been bought by introducing 
the complexity of mechanically varying part of the inlet because 
the size of the nozzle must, of course, be varied with flight 
Mach number. 

A second type of variable- geometry inlet which yields good 
performance is shown in figure 5. The inlet is designed at the high 
Mach number (right-hand sketch). As previously stated, the trouble 
with the fixed wedge inlet was that it spilled too much air at the 
lower Mach numbers. This difficulty can be avoided if the wedge angle 
is decreased with decreasing Mach number. Fortunately, to reduce the 
wedge angle to the value for maximum pressure recovery at each Mach 
number was sufficient. A typical flow configuration is shown at 
Mq of 1.6 in the center sketch. The wedge for maximum pressure 
recovery is 11°. In order to meet the air flow required by the engine 
it is still necessary to spill air around the inlet, partly behind 
an oblique shock and partly behind a normal shock. This air spillage 
results in the performance losses indicated by the dashed line in 
figure 5. It is a maximum of 4 percent at M of 1.3 and zero at 
M of 2.0 or 0.85. About the only way to avoid this spillage is to 
use still more complex inlets with a variable cowl. It is questionable, 
however, whether the added complication is warranted for the potential 


gains that exist. The sketches on the figures have shown a wedge 
parallel to the fuselage surface; the wedge could also be normal 
to the surface. 

Another way of obtaining good performance is to keep the wedge 
angle constant and translate the wedge to achieve matching over the 
Mach number range. The technique of translation is ideal for cone-type 
inlets where changing the cone angle is mechanically difficult. 

The performance of a translating constant angle spike is shown in 
figure 6. The reference curve, which is the same as that presented on 
previous figures, corresponds very closely to the curve that would be 
obtained if the optimum cone were considered at each Mach number 
and the drag were assumed zero. Also presented on the figure is the 
performance of the two fixed-geometry inlets, one designed for high 
Mach number and the other sized for low Mach number. They show about 
the same performance losses as the fixed wedge inlets and for the 
same reasons. The variable-geometry inlet shows a maximum loss in 
performance of 3 percent from the reference curve at M of 1.2. The 
operation of the variable-geometry inlet is shown in the sketches. 

The inlet is designed at M of 2.0 (right-hand sketch). At lower 
Mach numbers (for example M of 1.4), the cone must be retracted 
slightly (indicated on the sketch to scale) . The spike is retracted 
in such a manner that mass spillage occurs only behind an oblique 
shock and the normal shock remains at the cowl lip. All the drag 
associated with bow shock spillage is thus eliminated with this design. 
At Mq of 0.85, a maximum tip retraction of 40 percent of the cowl 
radius is required to avoid choking at the throat. 

All the variable- geometry inlets discussed required continuous 
variation with Mach number and usually the variation was in one 
direction, such as decreasing wedge angle with decreasing M. So 
these inlets are amenable to the control systems previously discussed. 


EXPERIMENTAL RESULTS 

So far the matching problem has been discussed from a theoretical 
point of view; it remains to substantiate the analysis with experi- 
mental results. 


Supersonic Matching 

An experimental investigation of fixed- and variable- geometry 
side inlets mounted on a typical aircraft fuselage was recently made 
in t''e 8- by 6-foot supersonic tunnel; the results serve to support 
the analysis. The model used has already been described in the 
previous paper. A picture of the model installed in the 8- by 6- foot 
supersonic tunnel is presented as figure 7. The three types of inlet 
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studied are shown in figure 1 of the preceding paper; they are the 
ramp or wedge inlet, the normal wedge inlet, and the spike inlet. The 
performance of the translating cone irtlet* was determined by tests 
with the cone in several fixed positions. Similarly, the variable- 
ramp- type inlet was simulated by tests of two fixed-angle wedges. The 
present investigation was conducted with all the fuselage boundary 
layer removed ahead of the inlet. Representative test results at 
M equal to 1.5 and 2.0 are shown in figure 8 for the half- spike inlet. 
Presented are the model drag coefficient Cp (the drag includes 
fuselage drag as well as inlet drag) and inlet pressure recovery 
P 2 /P 0 as a function of diffuser discharge Mach number Mg, where 
Pg is the diffuser-discharge total pressure and Pq is the free- 

stream total pressure. The lower curves present a modified thrust 
parameter corresponding to these data. (This parameter includes 
the inlet drag and the fuselage drag, which are represented by D^, 

and is therefore not directly comparable with values determined in 
the analysis.) The drag shows the usual drag increase with subcritical 
inlet operation and constant drag with supercritical operation. The 
pressure recoveries show the characteristic decrease with supercritical 
operation. Also, the peak pressure recoveries show good agreement 
with the values assumed in the analysis, which are indicated by the 
caret marks on the scale. The inlet is designed at peak thrust minus 
drag for a Mach number of 2.0. The design point corresponds with the 
intersection of the dashed line engine operating line with the 
M of 2.0 performance curve. At M of 1.5, it may be seen from the 
nature of the pressure recovery that the inlet is operating super- 
critically, which is in accord with the theoretical analysis. Cor- 
responding to the supercritical inlet operation, the thrust parameter 
is 11 percent less than the peak value. It can be seen from the 
pressure recovery curve, however, that the inlet is capable of good 
pressure recoveries. The analysis showed that critical pressure 
recovery of the inlet could be matched to the engine by retracting 
the spike. The results for a variable- spike inlet are shown in 
figure 9. The data at M of 2.0 are reproduced from figure 8. The 
data at M equal to 1.5 are for the retracted spike. The engine 
operating line shows that the inlet now is operating approximately 
at critical condition and near the peak thrust minus drag at Mach 
number of 1.5. The thrust parameter has improved 9 percent over that 
for the fixed spike inlet previously shown. 

Similar data obtained for a ramp-type inlet are summarized in 
figure 10 in terms of the thrust parameter as a function of free- stream 
Mach number. (The thrust parameter again includes fuselage drag.) 

If the inlet is variable-wedge-angle inlet, the thrust performance is 
represented by the upper solid line connecting the circle, diamond, 
and triangle data points, which are respectively a 14°, 6°, and 
0° wedge inlet. The data at Mach number of 0.63 were obtained by 
running the 8- by 6-foot supersonic tunnel subsonically. (Data were 



actually obtained for the 14° wedge inlet and are extrapolated to 
the case of zero wedge angle by correcting for the increase in throat 
area that results when the wedge angle is reduced.) The performance 
of a fixed- geometry inlet designed for Mach number 2.0 is shown by 
the circles and the decrement in thrust parameter from that available 
for the variable-geometry inlet corresponds to the loss predicted 
by the analysis. Similarly, a high-compression inlet sized for a 
Mach number of 0.6 shows the loss in performance due to subcritical 
inlet operation at a Mach number of 2.0 predicted by the analysis. 


Take-Off Performance 

It has been shown experimentally and analytically that several 
variable- geometry inlets are available that give good matching over 
the high subsonic through supersonic speed range. The next problem 
is that of getting good take-off performance with inlets satisfactory 
for supersonic flight. There are several factors involved in this 
problem that cannot be easily analyzed theoretically and are best 
handled experimentally. 

At static conditions, the inlet operates at an infinite velocity 
ratio and in order to get good inlet pressure recoveries the inlet 
should have a bellmouth or at least well-rounded lips. Also for best 
supersonic performance the cowl lips should be sharp. Therefore, both 
a blunt and sharp-lip inlet were investigated at Mach number 2.0 and 
at static conditions. In figure 11 are shown schlieren photographs 
at a Mach number of 2.0 of two inlets designed for that Mach number. 
These inlets are mounted on the aircraft fuselage; the fuselage 
boundary layer is clearly in evidence and the inlets themselves 
are above the boundary layer. The inlet on the right has a sharp lip. 
(The dashed lines show the internal contour. ) For the sharp- lip inlet 
the shocks fall at the inlet lip, as was assumed in the "ANALYSIS." 

The inlet on the left is a design compromised with a blunt, lip 
from take-off considerations. Because of the bluntness of the lip 
and inherent internal contraction associated with rounding it, 
choking occurs at the inlet throat of the inlet and strong bow shock 
is forced to stand ahead of the inlet, with an attendant high drag. 

The detached bow wave shown is not associated with the engine-air-flow 
requirements. The performance of the two inlets in terms of the 
modified thrust parameter is shown below them. An 8-percent loss 
results from blunting the lip of the inlet. Because the pressure 
recoveries for these two inlets were the same, the performance loss 
associated with the blunt lip is due entirely to its drag. 

The blunt-lip inlet was designed for good take-off performance, 
whereas the sharp-lip inlet was not; therefore the performance at 
take-off is considered. The variation of pressure recovery with 
diffuser discharge Mach number is shown at static conditions in 
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figure 12. The dashed line is the engine operating point. (These 
data for zero wedge angle were also obtained by correcting data taken 
with the 14° wedge for the increase in throat area resulting from 
decreasing the wedge angle.) The pressure recovery of the blunt lip 
is 97 percent, almost 10 percent better than the sharp-lip inlet. In 
terms of thrust, the blunt-lip inlet results in the engine producing 
95 percent of its rated thrust, and the sharp-lip inlet, 15 percent 
less thrust. The good performance of the blunt-lip inlet is obtained 
at the expense of an 8-percent loss at Mach number 2.0. The performance 
of the sharp-lip inlet can be improved at take off by using auxiliary 
inlets. With this modification good performance can be obtained at 
both take off and supersonic speeds. The take-off problems associated 
with the half-spike inlet are similar to those for the wedge inlet. 


SUMMARY 

In summarizing this discussion of the turbojet-inlet matching 
problem, we should appreciate that the matching problem varies with 
the type of turbojet engine and mode of engine operation, and with 
the flight plan and limitations of the airplane. Each problem must 
be considered on its own merits. For the present analysis, fixed- 
geometry inlets showed thrusts of 13 percent to 20 percent less than 
the maximum possible over most of the Mach number range from 0.8 to 
2.0$ whereas variable- geometry inlets, such as the variable wedge 
or translating spike, showed performance close to the maximum over 
the same Mach number range. Blunting the cowl lip of a variable- 
geometry inlet penalized its performance 8 percent at Mach number 2.0 
but improved its performance 15 percent at take off as compared 
with the sharp- lip inlet. The performance of the sharp- lip inlet 
could probably be improved at take off by use of auxiliary inlets. 

In general, then, the designer is faced with the problem of weighing 
the aerodynamic performance penalties of fixed inlets against the 
mechanical complexity of variable -geometry inlets, which show 
performance advantages. 
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13. - COMMENTS lie 
By Dpmafquis D. Wyatt 


Now that some of the Inlet problems of the turbojet engine instal- 
lation have been considered, some of the exit problems will be examined. 

It is known that the engine Jet must be discharged efficiently and, as 
was pointed out in the paper by Gabriel and the subsequent comments, a 
really efficient discharge nozzle cannot exist at supersonic flight speeds 
without some divergence or expansion to utilize the high nozzle pressure 
ratios in this flight regime. Secondly, unless transpiration cooling is 
applied, an efficient cooling-air system with a simple method of pumping 
the cooling airflow must be provided for afterburning engines. The 
quantities of cooling air that must be handled have been indicated by 
Mr. Fleming in the first section. 

There may be many methods of solving these two exit problems of 
efficient nozzles and adequate cooling systems, and all methods should 
be explored. Recent research has indicated, however, that through the 
vise of properly designed ejectors an adequate simultaneous solution may 
be achievable. 

A preliminary research program conducted on small-scale cylindrical 
shroud ejectors and reported in reference 1 has given much physical 
insight into the behavior of ejectors suitable for high-speed aircraft'. 
Figure 1 shows a typical performance curve for such an ejector without 
secondary airflow. The ejector pressure ratio, or total pressure in the 
annulus surrounding the primary nozzle divided by the ambient static 
pressure outside the exit, is plotted in figure 1 as a function of the 
nozzle pressure ratio, or total pressure in the nozzle divided by ambient 
static pressure. 

For low nozzle pressure ratios the primary jet does not expand enough 
to intercept the shroud walls (left-hand sketch) and the ejector pressure 
ratio is wholly determined by viscous entrainment considerations. When 
the nozzle pressure ratio reaches a critical value which depends on the 
ejector diameter ratio (ratio of shroud diameter to nozzle diameter), the 
jet abruptly attaches to the shroud wall probably as a result of a Coanda 
effect (middle sketch) . At the point of interception the Jet is super- 
sonic, and the ejector annulus surrounding the nozzle therefore becomes 
isolated from ambient conditions . The ejector pressure ratio becomes 
abruptly divorced from the viscous entrainment value and reaches a new 
value established by other considerations. 

Since the expanding Jet intercepts the shroud at a point relatively 
close to the primary nozzle exit, a low value of viscous shear on the jet 
boundary would be anticipated. If the shear is assumed negligible, the 
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Jet boundary is a constant -pressure boundary and the ejector pressure in 
the annulus should have the same value. If it is assumed that one- 
dimensional flow is reached in the shroud at a station near the point of 
Jet interception, the static pressure across the shroud becomes equal to 
the pressure on the Jet boundary and the ejector pressure. The equations 
of conservation of mass and momentum between the primary nozzle-exit plane 
and this one-dimensional shroud plane can then be solved to determine the 
Mach number at the one -dimensional plane and the ejector pressure. When 
the nozzle pressure ^atio is increased above the critical value, the 
secondary pressure ratio remains a constant fraction of the nozzle pres- 
sure ratio as shown by both theoretical and experimental curves at high 
nozzle pressure ratios . 

The critical value of nozzle pressure ratio is theoretically deter- 
mined from the criterion that the shroud discharge pressure must be at 
least equal to the ambient pressure. The max imum pressure rise across 
the expanded flow (and therefore the minimum nozzle pressure ratio sat- 
isfying the postulated flow) will be obtained by a normal shock wave at 
the supersonic Mach number in the assumed one -dimensional shroud plane. 

The agreement between the theoretical critical nozzle pressure ratio so 
calculated and the experimental value is excellent for the configuration 
illustrated. Of course, the real flow in the shroud is more complicated 
than the assumed flow; in particular, the normal shock pressure rise can 
be obtained only by a series of branched Bhocks extending over a con- 
siderable finite distance. Therefore, for shorter shroud configurations 
the agreement between theoretical and experimental critical nozzle pres- 
sure ratios Is not so good as for the case illustrated. 

The ejector without secondary flow Is of little Interest in the 
practical airplane application; therefore, the characteristics of the 
same configuration with varying amounts of secondary flow (fig. 2) will 
next be examined. Included on figure 2 are the nonflow case from fig- 
ure 1 and values of reduced -ejector-flow to nozzle -flow ratios of 4 and 
12 percent (x is the ratio of the ejector total temperature to the noz- 
zle total temperature) . 

An increase in ejector pressure is observed for a given nozzle pres- 
sure as the weight flow through the ejector passage is allowed to 
increase. This phenomenon can be anticipated from physical reasoning. 

As the nozzle pressure ratio is increased, the primary Jet expands. The 
expansion of the primary Jet is now cushioned by the ejector airflow, 
however, and, if negligible mixing is assumed, the primary Jet can never 
intercept the shroud walls. As the primary Jet expands, the flow area 
available for the ejector flow decreases and the ejector flow accelerates. 
A critical nozzle pressure ratio is again reached, this time resulting in 
choking of the ejector flow at some station in the shroud, designated on 
figure 2 as the control plane. 
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The ejector pressure after the critical nozzle pressure ratio is 
reached is obviously not the pressure at the control plane but some 
higher pressure corresponding to the effusion between the primary nozzle 
exit plane and the control plane . If it is assumed that the primary Jet 
expands isentropically and that there is no mixing between the two jets, 
the equations of conservation of mass and momentum can again be set up 
and solved between the primary nozzle exit plane and the control plane 
to yield the ejector pressure ratio. This pressure ratio is now a 
function of both the ejector diameter ratio and the corrected weight flow 
ratio. 

Since the ejector flow is choked at the critical nozzle pressure 
ratio, further increases in nozzle pressure should result in the ejector 
pressure remaining at a constant fraction of the nozzle pressure. This 
expectation is confirmed by the experimental data, which are in good 
qualitative agreement with the theoretical variation predicted from the 
analysis outlined in the preceding paragraph. It has not yet been pos- 
sible to predict the critical nozzle pressure ratio with secondary flow. 

With this physical picture of the ejector performance, the thrust 
characteristics of the ejector configuration will be examined. For 
the cylindrical ejector, the gross thrust can be calculated across a 
momentum plane at the primary nozzle exit from experimentally determined 
pressures and weight flows. The thrusts so calculated for the configur- 
ation of figure 2 are presented in figure 3. The thrusts have been 
divided by the thrust from an ideal convergent -divergent nozzle handling 
the primary weight flow. 

The general trend of ejector thrust is that anticipated from the 
airflow performance curves of figure 2. At low nozzle pressure ratios 
the thrust is reduced below the ideal value as a result of low annulus 
passage pressures induced by the viscous entrainment of the secondary 
fluid. When the primary jet either attaches to the shroud wall for the 
no-flow case, or chokes the secondary flow passage for operation with 
secondary flow, a discontinuous decrease in thrust accompanies the sudden 
decrease in annulus pressure. Increases in nozzle pressure above the 
critical value raise the general pressure level In the annulus and result 
in a steady rise in thrust. 

It will be noted that at high nozzle pressure ratios or at high 
ejector air flows the gross thrust from the ejector configuration may 
approach or even exceed the ideal gross thrust from the isolated engine 
air flow. Part of this high gross thrust comes from the additional mass 
flow handled in the ejector, but much of the thrust arises from the con- 
finement of the primary jet by the ejector shroud and the resultant 
physical analogy of the ejector to a convergent -divergent nozzle. 
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Inasmuch as the ejector performance is very dependent on the diameter 
ratio and length of shroud, the air flow and thrust characteristics of 
different ejector designs will show considerable variation. Since part of 
the gross thrust is obtained as a result of ejector air flow, the net 
thrust remaining after consideration of the free -stream momentum term 
will be very dependent on the ejector design geometry and the source of 
the secondary flow. An extensive experimental investigation of the air- 
flow and thrust characteristics of ejector having made variations in 
design details is currently being conducted at this laboratory. The 
results of this program are discussed in the next paper in relation to 
supersonic airplane performance. 
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EJECTOR WITHOUT SECONDARY FLOW 



EJECTOR WITH SECONDARY FLOW 
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By H. Dean Wilsted 






14. THRUST CHARACTERISTICS OF AW EJECTOR PUMP 
By H. Dean Wilated 


INTRODUCTION 

An experimental investigation of ejector performance was conducted 
at the NACA Lewis laboratory. Sufficient data are available at present 
to allow a preliminary examination of the ejector thrust problem. The 
purpose of this paper is to discuss the penalties and gains in thrust 
obtainable with an ejector installation. 


EXPERIMENTAL APPARATUS 

The thrust and pumping characteristics were evaluated on the 
research apparatus schematically shown in figure 1. Primary air can 
be supplied to the primary nozzle of the ejector through the internal 
piping system, and secondary air, through the annulus surrounding this 
pipe. The ejector, consisting of the primary nozzle and the shroud, 
may be discharged either to atmospheric pressures or into an altitude 
chamber. The entire rig is hinged as a pendulum, and the system is 
made flexible by metal bellows connecting the stationary piping and 
movable piping on both the secondary and primary flow systems. Ejec- 
tor thrust is measured by a thrust device located on the center line 
of the ejector. Pressure instrumentation and temperature instrumen- 
tation are used to measure pressures and temperatures in both the 
secondary and primary streams, just upstream of the primary nozzle. 

For all configurations investigated, the primary nozzle exit diameter 
was 4 inches. 


RANGE OF EXPERIMENTAL VARIABLES 

The experimental investigation being conducted on this apparatus 
covers a range of ejector configurations and operating conditions. The 
range of these variables, together with nomenclature and symbols, is 
presented in figure 2. A sketch of an ejector consisting of the primary 
nozzle and the ejector shroud is schematically shown at the top of the 
figure. The ratio of shroud exit diameter D g to nozzle exit diameter 
Dp is being varied from about 1.05 to 1.60. The ratio of spacing 

between the nozzle exit and shroud exit, denoted by S, to the nozzle 
exit diameter Dp is being varied from 0.4 to 2.0. The nozzle pres- 
sure ratio Pg/pQ, is being varied from 1.5 to 10, and the secondary 
pressure ratio, or ejector pressure ratio P a /Po> from the minimum that 
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the ejector will pump (values as low as 0.4 have been obtained) to a 
maximum of 4.0. Now these variables produce ratios of cooling-air flow 
to nozzle-air flow from 0 to about 1.0. These operating conditions 
have been extended to increase the usefulness of the data of reference 1. 


PUMPING CHARACTERISTICS 

An essential requirement of all ejectors is that they provide 
sufficient mass flow for cooling in any particular installation. The 
pumping characteristics of all ejectors are similar, and a typical map 
is shown in figure 3. Ejector pressure ratio P /p Q is plotted against 
nozzle pressure ratio Pg/p q for constant values of weight-flow ratio. 
The weight-flow ratio has been corrected to a ratio of cooling-air to 
primary nozzle-air temperatures (Tg/T a ) of 4.0 by the method described 
in reference 2. The marked similarity between the performance of the 
conical ejector and the cylindrical ejector described in the introductory 
comments can be seen. In the region where the jet has not yet attached 
to the shroud wall (A to B), there is little effect on the shroud pres- 
sure. At point C where the jet attaches itself to the shroud wall, 
there is a large decrease in pressure within the shroud, or an over- 
expansion of the gases to a pressure below ambient pressure. An increase 
in primary pressure ratio beyond the choke point, of course, produces a 
linear rise in shroud pressure with increasing nozzle pressure. 


THRUST CHARACTERISTICS 

Note the similarity of the pumping characteristics shown in figure 3 
to the thrust characteristics shown in figure 4. The ratio of ejector 
gross thrust to gross thrust is plotted against nozzle pressure ratio, 
and again curves of constant weight-flow ratio corrected to a tempera- 
ture ratio of 4.0 are shown. The same characteristics are shown as 
were shown by the pumping characteristic curve. With an increase in 
weight -flow ratio, there is a large increase in the gross thrust ratio, 
which is much larger than would be expected from the small increase in 
mass flow alone. 


EFFECT OF SHROUD DIAMETER ON THRUST CHARACTERISTICS 

The data of figure 4 are for a given configuration. Figure 5 
shows what happens when the shroud exit diameter is changed. The 
ratio of ejector gross thrust to nozzle gross thrust is plotted against 
nozzle pressure ratio. Data are shown for several values of the ratio 
of shroud exit diameter to nozzle exit diameter. If it is assumed that 
the ejector is without secondary cooling air flow and the nozzle pres- 
sure ratio is just sufficient to attach the jet to the shroud wall, then 



suppose the ejector shroud is moved outward, that is, its diameter is 
increased. The jet would detach itself and a larger pressure ratio 
would be required to again make the jet attach to the wall. This 
change is shown in figure 5, for as the diameter ratio is increased, 
there is a progressive increase in the nozzle pressure ratio at which 
the attachment occurs. For the larger diameter ratio ejectors, it is 
expected that there would be a greater expansion within the shroud, 
reducing the internal pressure. This phenomenon is also shown by 
these data, for as the diameter ratio is increased, the thrust ratio 
progressively decreases, indicating a greater overexpansion of the gases 
within the shroud. These data are for the case without secondary flow. 
If data had been plotted for' any low constant weight-flow ratio, the 
curves would have been essentially parallel to those shown. These data 
are also for approximately optimum spacing conditions; that is, as the 
shroud diameter was increased, the spacing between the nozzle exit and 
the shroud exit was also increased. 


EFFECT OF SPACING ON NET THRUST 

Obviously, the ejector performance of interest is that produced 
under flight conditions; that is, this optimization of spacing must be 
examined on a net-thrust basis taking into account the inlet momentum 
of engine air and cooling air. The inlet momentum and the cooling-air 
requirements are both functions of the flight plan. The flight charac- 
teristics of various ejectors in a given flight plan and in a given 
cooling installation were therefore investigated. It has been shown 
that an interceptor-type airplane, to obtain maximum combat time, would 
require an afterburner operating to temperatures as great as 3500° R. 
Assuming use of a 3500° R afterburner and the cooling requirements 
previously presented shows that about 4 percent as much air is required 
for cooling as is consumed by the engine itself. Each ejector considered 
must then supply this minimum flow for all operating conditions. 
Generally, the ejector will supply more air than will be needed and the 
duct losses and ejector pumping characteristics must be matched. When 
this match is accomplished and the gross thrust values are corrected for 
inlet momentum of engine air and cooling air, results such as those in 
figure 6 are obtained. 

In this figure is plotted the ratio of ejector net thrust to con- 
vergent nozzle net thrust. Note that these are net thrust values and 
not gross thrust values. The net-thrust ratio is plotted against spac- 
ing ratio; that is, the distance between the nozzle exit and the shroud 
exit is progressively increased. This configuration had a diameter ratio 
of 1.1, For spacing ratios below or above the ratios giving maximum 
thrust ratio, there is a large loss in thrust. Data are shown for flight 
Mach number Mq of 0, 0.9, and 1.4. For this range of operating con- 
ditions, the optimum spacing ratio, as indicated by the dashed curve, did 


not vary greatly with the changing flight conditions. It would he pos- 
sible to obtain almost optimum conditions with a fixed configuration 
ejector. For example, at a spacing ratio of 0.9 and starting at take- 
off conditions, the thrust would drop slightly to 0.9 flight Mach number 
and beyond that would increase with flight Mach number . At a flight 
Mach number of 1.4, a 6-percent increase in thrust over that obtainable 
from a convergent nozzle is indicated. This improvement in thrust ratio 
is the result of a more nearly isentropic expansion of the primary gases 
within the ejector shroud than that possible from the underexpanded con- 
vergent nozzle. 

These data are for a small diameter ratio. Data are shown for the 
large diameter ratios in figure 7, where the diameter ratio is 1.6 and 
the thrust ratio is again plotted against spacing ratio. The flight 
Mach numbers shown are 0, 0.5, and 0.9 at sea-level flight conditions 
and 0.8, 1.4, and 2.0 at 35,000-foot-altitude flight conditions. The 
optimum or peak thrust value, that is, the optimum spacing ratio, varies 
over a wide range with the changing operating conditions. This variation 
might be associated with larger weight flows with changing spacing ratio, 
but it was found that for all operating conditions except the 0 and 0.5 
flight Mach numbers the cooling duct was choked at the exit and the 
cooling-air-flow ratio was therefore constant with changing spacing ratio. 
There can be, then, no correlation between the optimum spacing ratio and 
the weight-flow ratio. It was actually found that this optimum spacing 
again is associated with the pressures in the ejector shroud. For 
example, at a spacing ratio of 2.0, as the flight Mach number is 
increased there is a reduction in net thrust ratio which is associated 
with the overexpansion of the jet. At a Mach number of 1.4, the thrust 
ratio is 0.75, showing a 25-percent loss in net thrust. As the flight 
Mach number is increased to 2.0, there is a large increase in thrust 
over that obtained at a Mach number of 1.4. The operating point has 
continued beyond the overexpansion range in the ejector performance map 
and into a range where the nozzle of the ejector is giving a more nearly 
isentropic expansion of the primary gas stream. The primary factors in 
ejector thrust performance have been shown to be: (l) the magnitude of 
the overexpansion in the shroud at the lower nozzle pressure ratios and 
(2) the ability of the configuration to approach an isentropic expansion 
at the higher pressure ratios. 


EFFECT OF DIAMETER RATIO ON NET THRUST 

The effect of diameter ratio under flight conditions can be 
investigated by using the optimum spacings such as those obtained from 
a plot of the type shown in figure 6. Data showing the effect of diameter 
ratio on net thrust are shown in figure 8. Data are shown for flight Mach 
numbers of' 0 . 0 , 1.4, and 2.0. The maximum thrust values are obtained at 
ejector diameter ratios that are rather small. As yet, there are no data 
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for diameter ratios below 1.1. but for the 1.4 flight Mach number, a peak 
in this curve can be expected at a diameter ratio between 1.0 and 1.1. 
This peak will occur because as the diameter is decreased the shroud is 
also retracted to maintain optimum spacing, and therefore the thrust 
ratio would approach unity as the diameter ratio neared unity. Also, 
for the higher flight Mach numbers where the pressure ratios are much 
higher, a peak in the curve would occur at some higher ejector diameter 
ratio in order to accomplish the complete expansion of the gases within 
the shroud. If advantage were taken of such a change in peak thrust 
values, it would be necessary to have a variable-area ejector. This 
may not be true and it remains to find what happens when the data are 
obtained in this region. 

At a Mach number of 2, thrust ratios as high as 1.08 or an 
8-percent improvement in thrust over that available from a convergent , 
nozzle has been 'reached. This value is the highest obtained in this 
analysis. It is possible, however, that higher values may be obtained 
when additional data are available. With regard to maximum or peak - v 
values of thrust, the importance of using a supersonic nozzle on the 
supersonic airplane received considerable emphasis. The variable-area 
ejector may be a partial answer to the problem of a variable-area super- 
sonic nozzle. 


VARIABLE- SPACING EJECTOR 

Obviously there are many variations in ejector configuration that 
can be made. One is the variable -spacing ejector. In figure 9 is 
shown net-thrust ratio plotted against flight Mach number. The data of 
this figure are for a diameter ratio of 1.1 with optimum spacing ratio. 
Also shown is the range over which it is possible to cool the after- 
burner when taking air from the boundary-layer air scoop and using only 
the ram that is there available to pump the air through the ducting 
system. Obviously you would expect some loss in thrust from the losses 
in the inlet diffuser and the losses in ducting. However, because of 
the heating in the cooling duct, there is sufficient increase in the 
momentum to just about offset the losses in the ducting system. With a 
variable spacing ejector, it would therefore be possible to operate with 
the ejector to a Mach number of 0.3 where the boundary- layer air in 
itself can provide the necessary cooling. At this point, the ejector 
shroud could be retracted and the cooling air supplied by the boundary- 
layer air scoop ram energy. In the region where the ejector can pro- 
vide a higher thrust (above a flight Mach number of 0.9), the ejector 
shroud can again be used to obtain the highest possible values of net- 
thrust ratio. The losses associated with this method of operation would 
be on the order of 3 or 4 percent below 0.3 flight Mach number, and gains 
as high as 3 or 10 percent may be possible at a flight Mach number of 2.0. 
Possible advantages in flight are thus seen for the variable- spacing 
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ejector. The type of ejector to he used in any given installation, 
that is, whether it should he a fixed or a variable configuration, will 
have to he based on an analysis such as has been described herein. Of 
course, additional performance data are essential. These data are 
being obtained as rapidly as possible. 


SUMMARY 

It has been shown that thrusts greater than the thrust obtainable 
from convergent nozzles can be achieved with ejectors. These gains are 
obtained from a more nearly isentropic expansion of the primary nozzle 
gases than is possible with the underexpanded convergent nozzle. At a 
flight Mach number of 2, improvements over the net thrust obtainable 
from a convergent nozzle should exceed 8 percent. 

In order to obtain the greatest thrust at supersonic flight speeds 
and at the same time keep the overexpansion losses to a minimum at sub- 
sonic speeds, ejectors having small diameter ratios should be used. 
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